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INTRODUCTION
Relevance of the work

When it comes to the solid-propellant rocket motor (SRM) development and
design, it is paramount to precisely determine the internal characteristics of ballistics
in order to fully understand the motor’s performance with the prescribed design
requirements. Normally, performance is measured during static testing which allows
considering more profoundly the various physical and chemical attributes taking place
within the motor. Such testing requires a significant amount of time, infrastructure
and resources, which, in turn, makes it labor-intensive and relatively expensive.

On the other hand, simulations can reduce the required resources and even
provide deeper insights into the motor’s internal ballistics, such as the pressure and
temperature in the combustion chamber, the mass flow rate, the nozzle influence and
other parameters which are almost impossible to measure during static testing due to
extreme physical conditions within the motor that renders the measuring probes
incapable of reading the data. However, in order to use the simulation approach, one
must first validate it so that the data could be trusted.

Furthermore, the major difference between static testing and simulations
(provided that the model is valid) is the ability to use the model not only to peer into
the inner workings of an already existing model retrospectively but also to simulate
different potential configurations of the motor and observe their performance without
having to build the motor. This enables precision engineering and cost-effective
means for optimizing an already existing motor or designing a new one with different
prescribed parameters. All in all, a valid simulation based numerical model may
enable researchers to extend the range of the rocket or simulate what it would take to
lift it to space while minimizing the labor and monetary resources.

This research is based on the internal ballistics of the RM-12K solid rocket
motor which is part of the RT-400 aerial target system designed and developed at the
Institute of Defence Technologies (IDT) at Kaunas University of Technology (KTU).
The purpose of the research was to construct a valid numeric model, which would
allow researchers to track the change of the propellant grain evolution and various
internal ballistic parameters during the combustion process over time, such as the
pressure, temperature, thrust, propellant grain regression (the grain open surface area),
the grain burn rate, the mass flow rate through the nozzle and the density of the
combustion products.

The main objectives of this research are to construct a robust and valid
simulation based on the numerical model for the solid rocket motor internal ballistics
characteristics research which could substitute the experimental approach. This
achievement would let researchers design a new type of rocket motors for various
applications or optimize the already produced designs in order to achieve even better
performance characteristics.



The aim of the work

To develop a united methodology for the construction of solid propellant rocket
motors by construction of the simulation for obtaining internal ballistics
characteristics, to perform research and its validation by comparative analysis of the
results of numerical modeling and static experimental tests.

Work objectives

1. To develop a computer-aided 3D geometric model of a solid propellant
rocket motor to evaluate the energy properties of the propellant and its
combustion in the grain and nozzle discharge area.

2. Todetermine the initial and boundary conditions of simulation, which takes
into account the pressure and temperature in the combustion chamber of the
motor, the physical properties of the fluid and solid state, and the CAD
geometry and mesh, thus allowing accurate modeling of solid propellant
combustion and the internal ballistics of the motor.

3. To perform modeling of the combustion process of solid propellant grain, to
determine the characteristics of the internal ballistics of the rocket motor and
to present the obtained results of the modeling of the solid propellant rocket
motor.

4. To perform comparative analysis of numerical modeling and experimental
— static studies and verification of the simulation results when the motor is
in its steady-state.

5. To develop a research-based methodology for the development of solid-
propellant rocket motors that would reduce or completely replace the need
for experimental testing of the motor under development, thereby reducing
the time and economic costs in designing multi-purpose solid-propellant
rocket motors.

Methodology

The dissertation was based on theoretical, analytical, numerical and
experimental research. By using theoretical and analytical research methods, a
simulation based on the numerical model of the internal ballistics of solid-propellant
rocket motors was constructed and investigated. The results for the simulation were
validated by the experimental approach while using the RM-12K solid-propellant
rocket motor internal ballistics characteristics.

Scientific novelty

The dissertation extends the methodology of the construction of solid propellant
rocket motors by using the simulation approach of motor internal ballistics, which
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evaluates the energy properties of the solid propellant and allows to obtain the internal
ballistics characteristics and the geometrical parameters of the motor.

The practical value of the work

Reliable and valid methods for internal ballistic performance studies of solid
propellant rocket motors have been developed, which reduces or alters the need for
the experimental testing of the motor under development. This allows the design of
solid-state rocket propulsion motors for various applications or optimization of
previously manufactured ones to achieve better performance at a reduced time and
cost.

Defended statements

1. Simulation based on the numerical model which evaluates the energetic
properties of the solid propellant and the moving interface of the propellant
grain significantly improves the design and research process of solid-
propellant rocket motors to simulate internal ballistic processes.

2. Simulations allow the identification of motor internal ballistics characteristics
and physical processes values (the burning surface, area, volume, burn rate)
that would otherwise be undetectable in experimental testing.

3. Valid models can reduce or even eliminate the need for static-experimental
testing for solid-propellant rocket motors.

Approval of work results

The research results have been presented in 3 publications in scientific journals
in the ISI database with the citation index as well as in 3 international scientific
conferences. The aerial target system containing the developed motor has been issued
a patent in the Patent Database of the Republic of Lithuania. Also, the RT-400 aerial
rocket target system using the RM-12K solid-propellant rocket motor was awarded
the Lithuanian Product of the Year Gold Medal.

Structure of the work

The dissertation consists of 4 main parts: in the first part, the author presents a
review of the solid rocket motor design, various types of propellants, nozzle types,
grain types, and combustion phenomena. The second part presents the model and
methods for the simulation of the solid propellant rocket motor. The third part
discusses the methodology and the results of the experimental approach for the static
testing of the rocket motor. In addition, the test stand design and operation are
discussed. In the fourth part, the results of the simulation are presented. Comparison
and validation of the model with experimental results are presented and discussed.
The conclusions drawn from the research with regard to the initial purpose of the work
as summaries are given at the end of each chapter. At the end of the work, the
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conclusions of the whole research are formulated. The volume of the doctoral

dissertation is 102 pages. It contains 58 figures, 41 formulas, 18 tables, and 92
references.
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Abbreviations used in the work:

SRM - Solid rocket motor

TWR — Thrust to weight ratio

APCP — Ammonium perchlorate composite propellant
ANCP — Ammonium nitrate composite propellant
C-D nozzle — Converging-diverging nozzle

RM-12K — Rocket motor used in the research

RT-400 — Aerial target system used in the research



1. LITERATURE REVIEW, MOTIVATION, AND FORMULATION OF
KEY RESEARCH OBJECTIVES AND DEFINITIONS

1.1. Literature review

According to the Encyclopaedia Britannica, the field that is now known as
rocket science originated back in the 17" century with the publication of Ars Magna
Artilleriae (a.k.a. Artilleriae ars magna), originally written by Kazimieras
Simonavi¢ius and later translated into the French, German, English, and Polish
languages (Siemienowicz 1650) [1]. The field mostly focused on the use of projectiles
for military applications as based on Newtonian Physics. 253 years later, Tsiolkovsky
introduced his rocket equation (Tsiolkovsky 1903) [2] which was the first
mathematical derivation describing the motion of rocket vehicles. This mathematical
model enabled the launch of the first liquid-propellant rocket merely within 23 years
after Tsiolkovsky’s publication (Goddard 1926) [3]. Finally, after 16 more years, the
first successful suborbital flight was achieved by the German-made V2 rocket (von
Braun 1946) [4] thus providing the foundations that later sparked the modern era of
the rocket science.

The modern era of the rocket science began with the Space race which started
on August 2, 1955 [5]. The first breakthrough in the solid rocket propellant
development was made in 1968 (Schmidt et al.) [6] when aluminum was introduced
as a fuel for propellant combustion. APCP (Ammonium Perchlorate Composite
Propellant) propellant and its surrogates, such as ANCP (Ammonium Nitrate
Composite Propellant) were and are still being widely used as one of the most robust
solid propellants in the market today. APCP rocket motors were used in the Space
Shuttle system as SRBs (Solid Rocket Boosters) since the start of the Space Shuttle
operation in 1981 (NASA) [7]. As a widely used practice, SRBs have been used in all
space agencies during major space launches since 1981 up till the present day. Despite
the strides that have been achieved within the field of rocket science, the research and
development in many cases was mostly based on experimental data and calculations
by hand or computers of that time that had significant computational limitations
compared to today’s machines.

Since 1981, the computational power has become more effective and accessible
by tens if not hundreds of orders of magnitude. In the 1990s, this development
sparked interest in creating complex computational models and solving those by using
algorithms, i.e., by creating numerical simulations for rocket ballistics applications
(Meha 1996) [8]. Due to the aforementioned reasons, the number of research papers
has increased significantly in the field of investigation of the credibility and validity
of the developed computational models. Most attention was focused on AP
(Ammonium Perchlorate) propellants because they were more energetic than AN
(Ammonium Nitrate) propellants due to AN’s high hygroscopic properties and several
crystalline transitions; however, the new modeling techniques and interest in this type
of propellants enabled research teams to eliminate the drawbacks and take advantage
of the additional benefits that Ammonium Nitrate provides in relation to Perchlorate
(Kondrikow et al. 1999) [9].

13



In the paper Modeling of Flowfield Features During Ignition of Solid Rocket
Motors published in 2002, the research team investigated a solid propellant rocket
motor by using numerical methods (Serraglia et al. 2002) [10] where the authors
performed transient simulations on their motor. Such transient simulations compared
with static simulations are computationally expensive yet crucial because of the
dynamic nature of the propellant combustion phenomena. Similar methods are now
being used in the modern Computational fluid dynamics (CFD) algorithms. The CFD
models’ development progress and evolution are best described in M. W. Beckstead’s
research paper named Recent Progress in Modelling Solid Propellant Combustion
(Beckstead 2006) [11]. The paper is a collection of works from various research teams
which allowed to see the bigger picture in the past development of the solid propellant
combustion models. Additionally, the Australian Government has greatly contributed
to the CFD field by researching solid propellant modeling for defence applications
(Harrland et al. 2012) [12]. The same type of investigations of solid propellants
combustion was published at the academic level (Ajinkya et al. 2012) [13].

Nowadays, all major space and defence industry companies use tools developed
by major CAD and CAE companies. The tools combine the aforementioned CFD
research and enable engineers to develop simulations more efficiently and researchers
to study the processes more accurately thus allowing them to push the field even
further.  This synergy is crucial for the future growth of the market. New
computational models are being introduced continuously at an increasing pace. It is
safe to claim that the feedback loop between engineers and researchers has never been
shorter in the history of this field, which should allow this industry to develop and
expand like never before. This is one of the reasons the author chose this field of
research, that is, the ability to contribute to the body of work that, although began as
a tool for the military, now has potential to take people to Mars and beyond.

1.2. Motivation

The motivation for this paper stems mainly from the idea of ‘digital twins’ [14].
The key aspect of the idea is the development of a computer model that features the
exact same characteristics as the actual real-life object, rocket motor, etc. It enables
one to simulate the motor’s performance without static tests and to fine-tune the
motor’s properties and optimize it due to the amount of data that is possible to collect
from the model. Up until recently, the research of rocket motors capable of supersonic
flight was reserved only for governmental agencies with the appropriate funding and
motivation due to the prohibitively expensive experiments and tests that are inherently
needed for this kind of research. What is more, due to the mostly military nature of
such governmental projects, there is lack of available public knowledge which is
needed to design a motor without performing one’s own tests and experiments.
Fortunately, due to the advent of modern computing, it is now possible to create a
computer model that is accurate enough so that its performance could be simulated in
a realistic way in order to obtain data that was recently only available after
experiments or analytical calculations which — by hand — is immensely complicated
and provides just a small glimpse of the actual inner workings of the motor, whereas,
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with a computer model, every data point in its entirety is collected and can be analyzed
step by step thus providing researchers with a sophisticated tool that may change the
rocket motors as we know them. Therefore, due to the reasons listed above, the idea
for this research was born which revolves around the actual real-life motor which is
being used in practice on an ongoing basis.

The aforementioned situation within the aerospace industry is a product of
history and key recent developments that will be briefly covered for a broader context.
Nowadays, the aerospace industry as a whole can be divided into two categories —
subsonic and supersonic. History has shown that subsonic aerospace technologies are
mostly used by the private (civilian) sector, whereas the supersonic flight is mostly
used by governments, and, to be more accurate, by the military. This division was
mostly based on cost efficiency. Supersonic vehicles were and still are expensive to
design, develop and maintain, whereas subsonic vehicles, such as passenger jet planes
or domestic drones, are significantly more affordable and readily available.
Furthermore, supersonic technologies were experimented with for the civilian use —
such as in the case of Concorde [15] — but after several major issues with the planes
[16], the project was canceled, and, to this day, it is incredibly hard to find a supersonic
aircraft that is used for civilian benefit. On the other hand, supersonic flight is highly
attractive to the military sector. It bears little explaining as of why speed is beneficial
in combat situations. Therefore, militaristic motivations kept the supersonic
technology alive and well through the 1970s up until the 1990s and early 2000s [17,
18]. Due to the above listed motivations, the advent of supersonic jet planes, ramjets
and scramjets was possible [19, 20]. In Table 1.1 one can see a comparison of the
different propulsion technologies with their advantages and disadvantages.

Table 1.1. Comparison of the various propulsion types for aerospace applications

No. | Type Description
Efficient with bypass for subsonic applications M>0.7. Fuel
1. Jetengine | inefficient with afterburner for supersonic applications M<3. Can
work from M=0. Limitations regarding altitude.
2. Ramjet Can only work when M>2
3. Scramjet Can only work when M>5
4. Turboprop | Limitations on altitude and speed. Can work from M=0
5 Rocket Need to carry all required products for combustion. Complex
' engine design. Can work from M=0
Rocket Need to carry all required products for combustion. Relatively
motor simple design. Can work from M=0

As one can conclude from Table 1.1, the most efficient and reliable technology
is jet propulsion. However, these engines can operate only within a limited range of
velocity. In general, the entire selection of the available propulsion methods can be
divided into three segments: subsonic, supersonic and hypersonic. Turboprop and Jet
engines are the most efficient in subsonic flight. In fact, turbo-prop engines cannot
reach supersonic speeds at cruising speeds. Meanwhile, jet engines with an afterburner
can easily reach supersonic velocity but are very inefficient with respect to fuel
consumption while at supersonic flight. Therefore, ramjet engines fit perfectly for
supersonic applications. And, finally, scramjet engines are ideal for hypersonic
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applications. Normally, for top performance, Ramjet and Scramjet engines need each
other for nominal operation, and also a regular jet engine or rocket propulsion is
needed to provide the initial thrust from zero as both of the aforementioned engines
can only operate after they have reached supersonic speeds. Ramjet can only start
performing from M>3, whereas Scramjet can operate only from M>6 [21, 22].

The most efficient solution to counter the disadvantages of these supersonic jet
engines is rocket propulsion which can minimize the take-off and landing distances
and reach greater velocities. Such a setup is used for military applications, such as the
modified C-130 Hercules, or, in research applications, such as X-15 [23, 24].
However, these hybrid solutions are rarely actually used because of the complexity of
the outlined propulsion systems. In parallel with the jet technologies, a standalone
rocket propulsion technology has been steadily improved up until it reached a critical
point a decade ago [25]. After that point, multiple private companies started to adopt
rapid prototyping and simulation technologies in order to serve the emerging
supersonic markets that became possible due to an increase in computational
capabilities. Such companies as SpaceX, Blue Origin, Rocket Lab or even the
volunteer initiative Copenhagen Suborbital are capable to develop technologies that
previously had only been possible by the superpower states. Because of this, the
aforementioned branch of industry became more and more attractive to investors and
entrepreneurs. As an example, a private company founded by a student in New
Zealand called Rocket Lab in 2017, after a series D investment round, raised 75
million USD for their Electron rocket development. It is currently estimated that the
company is worth around 1 billion USD [26]. These facts clearly illustrate that
computer models can not only make the research easier but also bring significant
added value on which businesses can capitalize and take a sizable piece of the industry
into private hands.

Having said that, it is worth reiterating that the main motivation for this study
was to develop a robust rocket system model which is based on a solid-propellant
rocket motor. We shall investigate it and compare its validity with the experimental
results which were obtained from the RT-400 aerial target system which was designed
developed and produced at Kaunas University of Technology Institute of Defence
Technologies. This model is crucial for the future progress of solid propellant rocket
motor research due to the limited resources in terms of construction materials,
propellant manufacturing process difficulties, logistical challenges and cost
inefficiency because real-world experiments are prohibitively expensive and
complicated in comparison with computational methods. The ability to use virtual
models and perform various operational scenarios and design changes is one of the
key factors that will bring major improvements in solid propellant rocket motor
research in the near future.

As can be seen in Table 1.2 below, simulations objectively outweigh the
experimental approach in terms of costs, labor and resource; therefore, the motivation
for this research is to construct a model that is a nearly perfect digital twin that will
allow the author to develop the design and optimize the rocket system more efficiently
than it has been possible ever before.
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Table 1.2. Comparison of the simulations and experimental approaches

Simulation Experiment
Time Short / semi-short | Long
Cost Cheap Expensive
Scalability Any Limited
Repeatability Yes Limited
Safety Yes Limited
Data acquisition | All Sensor points

1.3. Analysis and internal ballistics of solid propellant rocket motors and its
propellants

1.3.1. Key design features of solid rocket motors

Rockets are self-contained propulsion devices in which no intake of air or
another oxidizer from the external environment is needed [27]. Chemical rockets
contain all the required components for combustion, however, that requires a lot of
mechanical components with potential multiple points of failure, whereas solid
propellant rocket motors are significantly simpler due to the elimination of fuel and
oxidizer plumbing systems, injectors and preheating or cooling solutions for
fuel/oxidizer [28]. Solid rocket motors (SRM’s) consist of 7 main parts which are
shown in Fig. 1.3.1. The propellant is contained in the motor casing or liner (if the
motor is manufactured by using filament winding techniques). The second main part
is the nozzle with a pressure cap. This is mandatory if one has to build pressure in the
combustion chamber in order to initiate combustion nominal performance. In most
cases, the igniter is attached at the top of the motor (motor head), but in other cases
ignition can be initiated by using igniters which are attached from the bottom. This
method minimizes the weight of the rocket after lift-off because the igniter stays on
the launchpad. For solid-propellant rocket motor nominal operation, sealing of the
gaps is crucial. The motor casing, the head and the nozzle joints are fixed with elastic
O-rings and other fixing elements.

Ao oo R O

2],

Fig. 1.3.1. Rocket motor assembly: 1 — igniter; 2 —end cap; 3 — nozzle; 4 —
propellant grain; 5 — hermetic rings; 6 — fixing ring; 7 — top cap

One of the key design features in comparison with liquid rocket engines is that
in the SRM’s all the propellant required for the combustion is stored in the combustion
chamber. This means that, when combustion starts, the propellant grain burns
gradually, layer by layer, and changes the shape and volume of the propellant
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grain/combustion chamber. With regard to the changing surface area of the propellant
grain/combustion chamber, the pressure changes as well, which leads to the change
of the thrust of the rocket motor. Such characteristics dictate the design of the grain
geometry, and the challenge is to design the grain so that the area of the open surface
of the grain would be changing according to the required thrust profile at the transient
process of the combustion. Having said that, the casing for the propellant grain has to
be made as a pressure vessel type in order to withstand the ever-changing pressure
levels in the combustion chamber and keep the SRM intact [29].

As far as numerical models and CFD simulations are concerned, Serraglia
(2003) contributed significantly with his work Modeling and Numerical Simulation of
Ignition Transient of Large Solid Rocket Motors, which investigates ignition problems
and ignition related phenomena in great detail. Furthermore, combustion and heat
transfer problems were thoroughly researched and simulated by using CFD by Adami
et al. (2017) and Cai et al. (2008). Design issues related to the propellant are mostly
concerned with the selection of the propellant type and the mounting and protection
of the propellant grain in the casing. It is tricky to design the optimal SRB without
numerical models and CFD simulations because, differently from liquid rocket
engines, SRBs have no propellant tanks; however, the casing has to contain the
propellant and also behave as a combustion chamber. For this reason, a standard
booster would have an objectively large casing. Moreover, cooling SRBs are
completely different from cooling liquid rockets because there are no liquids involved,
and heat dissipation has to be entirely passive. In Fig 1.3.1, one can see the rocket
motor RM-12K which is a propulsion device for the RT-400 aerial target system
(Fedaravicius et al. 2016) [30].

Every motor can be classified to a specific class which is related to the motor
total impulse. The total impulse it is defined by Eq. 1.1 as the integration of thrust F
over the operating duration t, [31]. In Fig. 1.3.2, one can see the definition of the
burning time and the action time.

I, = ] Fdt = Ft, [N-s] (1.1)

where F is the average value of thrust over the burning durationt, . F is the thrust of
the SRM.
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Fig. 1.3.2. Definitions of burning time and action time [31]

As it can be seen from the chart above, the total impulse is defined by eliminating
the sliver effect which is described by the aft tangent bisector and excluding the
ignition delay time. Action time t, is defined from the ignition delay time until the
sliver burnout time. 10% pressure leftovers in the combustion chamber are considered
as gas escaping the combustion chamber, but the propellant grain (sliver) gets fully
burned [32]. In Table 1.3, one can see a classification table for various rocket motors
[33]. Such a classification is established for regulatory and technical reasons. One
must note that the RM-12K solid-propellant rocket motor is a class P motor and is
considered as a high-power motor.

Table 1.3. Class comparison of rocket motors

Classification | Class | Total impulse, N-s | Category
1
— 0.01-0.3125 Micro
8A
1
— | 0.3126 - 0.625
4A
L 0.626 -1.2
Model rocket | o 626 —1.25 Low power
A 1.26-25
B 251-5
C 5.01-10
D 10.01 - 20
E 2001 — 40 Medium power
F 40.01— 80 P
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80.01 - 160
160.01 — 320
320.01 — 640
640.01 — 1280
1280.01 — 2560 Level 2
2560.01 - 5120
5120.01 — 10240
10240.01 — 20480
20480.01 — 40960 | Level 3
40960.01 — 81920
81920.01 — 163840

Level 1

High power

O|T|IOIZIZ T |R|<|I—|T|®

Moreover, as described above, the total impulse describes the potential power
output of the motor, however, in order to better understand the performance
characteristics, one must know the specific impulse of the motor as well since it
effectively describes the motor’s efficiency. The specific impulse in the design of
rocket propulsion devices is one of the key factors. This dimension is measured in
seconds and is denoted by linear dependence on the square root of the given energy
which is obtained from the combustion of the propellant. A simplified version of the
equation is presented in Eq. 1.2 [34].

t
| Fdt

_ F _ Ve __ 0
m-g, m-g, J, gojmdt
where F — the thrust force of the rocket, | — the total impulse of the motor, m — the
Mass flow rate of the exhaust gas from the nozzle, go — gravitational acceleration (9.81
m/s?).

Another parameter that describes the motor’s efficiency is its thrust-to-weight
ratio (TWR). TWR encompasses the relationship between the thrust produced by the
motor and the weight of the vehicle in a single dimensionless coefficient. Only when
TWR > 1, the vehicle is able to lift-off (at the launchpad). TWR with x < 0 values can
effectively be used only in non-atmospheric environments where orbital maneuvers
need to be implemented. For the RM-12K rocket motor at the average thrust of the
motor when it was operating in the steady-state phase, the TWR was about 286, but,
taking into consideration that the motor is a part of the RT-400 system, the effective
TWR for the rocket with the motor was about 95. One must note that these preliminary
values are disclosed only for explanatory reasons where performance characteristics
of the motor can be described. In the normal operation, the TWR tends to change
during combustion of the motor, and the TWR would be displayed as a trend curve,
but not as a constant. By concluding this statement, one can clearly see that the
produced TWR of the motor is more than enough for the ability to lift-off the
aforementioned rocket and perform its objectives.

dm

7Ve
TWR = Foa ™ [dimensionless] (1.3)
m m

Isp = [s] (1.2)
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where F — the thrust force of the rocket, ve — the escaping gas velocity from the nozzle,
m — the mass of the vehicle, dm — the mass flow rate.

Optimizing the rocket is not as simple as maximizing the aforementioned ratios
and values. Engineers need to keep in mind the pressure and temperatures that will
build stresses within the system which can rupture the motor casing or other parts of
the motor. The case must be capable of withstanding the internal pressure stemming
from the motor operation, at approximately 3-80 MPa (with regard to the RM-12K
rocket motor) with a sufficient margin for safety. The safety factor must be evaluated
by performing simulations or static firing testing in order to evaluate pressure
fluctuations. Fluctuations may indicate an inadequate mixture composition of the fuel-
oxidizer in the propellant grain. Besides the stresses due to the pressure in the
chamber, thermal stresses may sometimes be critical, and, when the case also serves
as a flight vehicle, the bending loads and inertial forces, such as spinning (passive-
active stabilization solutions), play an important role in determining the thickness and
the material of the motor case as well [35]. For these reasons, motor cases are usually
made either from metal (high resistance steel or high strength aerospace-grade
aluminum alloys), or composite materials (fiberglass, polymer fibers, carbon).

1.3.2. Common types of solid rocket propellants

Solid propellant motors, differently from liquid-propellant engines, are denoted
by a wide range of composition, separate fuel, and oxidized chemicals are used, which
are thoroughly mixed in the grain. It can be made as monopropellant from
nitrocellulose or double-base propellants or oxidizer-binder combinations as APCP or
ANCP propellants. The oxidizer is usually ammonium nitrate, potassium perchlorate,
or ammonium perchlorate, and it often comprises as much as four-fifths or more of
the whole propellant mix. The fuels in use are metals, hydrocarbons, such as asphaltic-
type compounds, or plastics. As the oxidizer has no significant structural strength, the
propellant must not only perform well but must also supply the necessary form and
rigidity to the grain. Having said that, much of the research in solid propellants is
devoted to improving the physical as well as the chemical properties of the fuel. It is
worth highlighting that one fact which unites all these different composition motors
is that there is no possibility to shut down the motor when the propellant grain is in
the combustion phase. For this problem, thrust vectoring is achieved by casting
propellant grains with special geometrical properties.

Solid propellant rocket motors Isp are in the range of 150 s — 320 s. For example,
Space Shuttle Solid Rocket Booster Isp is 242 s (sea level), Zefiro 23 booster used in
Vega launch vehicle is 289 s and Zefiro 9A is 294 s, Orion 38 (Pegasus launch vehicle)
is 287 s and Orion 50XL is 289 s, SR-118 (Minotaur launch vehicle) is 282 s, and SR-
120 is 300 s [36, 37]. Despite their relatively low specific impulse in comparison with
liquid rocket engines, solid motors are much cheaper to produce, reliable, less
complex, and, in most cases, they are the propulsion device of choice in military
applications, especially for single stage motors or solid rocket boosters, such as the
solid rocket motor missile AIM-120 which is used in the NASAMS (Norwegian
Advanced Surface to Air Missile System) air defence system [38] or Atlantic Research
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MK 106 in the Tomahawk (RGM/UGM-109C/D) missile which is used as a solid
rocket booster [39, 40]. The cost efficiency is clearly noticeable for solid propellant
rocket motors. The data is provided as specific impulses for all the 4 stages of Scout
G1-stage 1: Algol 3 — 238 s, stage 2: Castor 2 — 232 s, stage 3: Antares 3A — 295 s,
stage 4: Altair 3 — 255 s, [41] Pegasus 3 out of 4 stages solid (4" stage is optional) —
stage 1: Orion 50SXL — 295 s, stage 2: Orion 50 — 289 s, stage 3: Orion 38 — 287 s,
[42] Long March 3 stage 3 — 298 s, Delta boosters — 245 s — 273 s [43]. The specific
impulse of these solid rocket motors is in the range from 238 s to 295 s, which
correlates perfectly to solid rocket motors Isp versus the thrust-to-weight ratio pool.

When considering the propellant which would be most suitable for the research,
three different propellant types were reviewed. This was done to conclude which
propellant type would be optimally cost-efficient to produce, and could assure grain
stability and manufacturability. The first candidate was black powder propellants, the
second candidate was double-base propellants, and the third option was composite
propellants.

The Dark Powder solid rocket propellant is composed of charcoal (fuel),
potassium nitrate (oxidizer), and sulphur (additive), black powder is one of the oldest
pyrotechnic compositions with application to rocketry. The primary difference is the
existence of the binder, normally dextrin. In modern times, black powder finds use in
low-power model rockets as it is cheap and fairly easy to produce. The propellant
grain is typically a mixture of pressed fine powder with a burn rate that is highly
dependent upon the exact composition and operating conditions. Motors designed
with black powder are most frequently end-burners because of the rapid burning
charge of the propellant. Due to its sensitivity to fracture and poor performance (a
specific impulse around 80 s), BP does not typically find use in motors above 40 Ns.
The simple dextrin-free variant (the most commonly applied compound) comprises
75% potassium nitrate, 10% sulphur, and 15% carbon. Dextrin may be brought as
desired (normally between 0 and 5 percent). Extra (coarse) carbon or metal powders
(5-10 percent) may be added to find a beneficial light course. However, that may vary
somewhat the burn rate of the mix [44].

Double-Base propellants are composed of two monopropellant fuel elements
where one typically acts as the unsteady, high-energy monopropellant, whereas the
second element acts as the lower-energy stabilizing (and gelling) element. The
monopropellant normally consists of nitrocellulose and nitro-glycerine, to which, the
plasticizer is added. DB propellants are applied in applications where minimum
smoke is needed yet medium-high Isp is needed, which is around 210 s — 235 s. Their
primary goal is that they do not create any traceable gas and are, thus, usually utilized
in tactical weapons. They are also frequently used to perform functional purposes,
such as jettisoning the spent components when dividing one stage from another.

The aging of DB propellants, which is the result of material reactions and
physiological operations that happen over time, has a considerable consequence on
their relevant properties (e.g., material composition, mechanical and ballistic
properties). These changes of related attributes determine the good and reliable
delivery life of DB rocket propellants. That is the reason why many research efforts
are dedicated to finding reliable methods so that to evaluate the changes caused by
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aging, to determine this level at a given point of time, and to predict the remaining
lifetime of DB rocket propellants [45].

The composite propellants that are frequently used are either ammonium nitrate-
based (ANCP), or ammonium perchlorate-based (APCP). The ammonium nitrate
composite propellant frequently utilizes magnesium and/or aluminum as fuel and
delivers ISP of around 180 s — 250 s [46], whereas the ammonium perchlorate
composite propellant frequently utilizes aluminum fuel and delivers high performance
(vacuum Isp up to 296 s with a single piece nozzle or 304 s with a high area ratio
nozzle) [47]. Composite propellants are cast, and they retain their shape after the
rubber binder, such as Hydroxyl-terminated polybutadiene (HTPB), cross-links
(solidifies) from the addition of a curing agent. Because of its high performance,
moderate ease of manufacturing, and moderate cost, APCP finds widespread use in
space rockets, military rockets, and hobby as well as amateur rockets, whereas the
cheaper and less efficient ANCP finds use in amateur rocketry and gas generators.
Ammonium dinitramide, NHsN(NOy)>, is being considered as a 1-to-1 chlorine-free
substitute for ammonium perchlorate in composite propellants. Unlike ammonium
nitrate, ADN can be substituted for AP without a loss in motor performance. The
ammonium perchlorate composite propellant is typically employed in aerospace
applications, where ease and dependability are desired, and specific impulses
(dependent on the arrangement and operating thrust) of 180-260 seconds are
adequate. Because of these process properties, APCP is regularly applied at booster
applications, e.g., in this area, Shuttle Solid Rocket Boosters, spacecraft ejectors, and
specialty area exploration applications such as NASA’s Mars exploration Rover
descent stage retro-rockets are involved. Additionally, the high-power rocketry group
regularly employs APCP in this manner of a commercially accessible propellant, also
as single-use motors. Experienced researchers and amateur rocketeers also frequently
work with APCP thus making APCP by themselves [48].

Ammonium Nitrate (AN) is the cheapest and most readily available oxidizer for
Solid rocket propellants compositions. Its composition of the high oxygen quantity
(60% Oxygen, 5% Hydrogen, and absence of halides), high thermal stability, low
smoke profile, and sufficient capability with a number of other constituents makes it
the oxidizer of choice for low-cost missions [49]. The oxidizers which are used in
solid propellants are those which have weak bonds with small atomic number
elements. Ammonium Nitrate, NH4sNOgs, has a combustible element — hydrogen —
which oxidizes to water upon thermal disintegration according to the following
reaction [50]:

o)
NH,NO; > 2H,0+ N, + == (1.4)

By this relation, the author of this thesis considers that free oxygen in ammonium
nitrate in percentages is 20% which is almost the same as the air in the atmosphere
where the oxygen percentage is almost 21% [51]. One concludes that in order to burn
1 kg of bitumen, it is necessary to have 15 kg of ammonium nitrate. Such a propellant
would have 97% ammonium nitrate and only 3% of bitumen and would not be suitable
for medium-high power rocketry applications. This issue was solved by introducing
Aluminum as fuel. Aluminum is a stable element (metal), which, upon reacting with
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oxygen, produces high energy combustion. Such a propellant only needs 40-80% of
oxidizer and 5-25% of fuel [52]. This type of propellant must have a binder material
which shapes and binds the fuel/oxidizer mixture in the propellant grain. This type of
propellant where the binder is used is called composite propellants, or, in this
particular case, the Ammonium Nitrate Composite Propellant (ANCP). Ammonium
nitrate propellants have a specific impulse range in between 180 s — 250 s, but, in most
cases, where no hazardous and complex additives are used, the specific impulse is in
the range between 180 s — 220 s. In Table 1.4, one can compare the AN based
propellant with the AP based propellant.

Table 1.4. Theoretical performance of Typical Solid Rocket Propellant
combinations [53]

Oxidizer Ammonium Ammonium perchlorate Ammonium perchlorate
nitrate 78% — 66% 84% - 68%
5 -
Fuel 11% binder; 7% 18b(° grgir;c pozlggper 12% polymer binder 4%
u additives Inder &7 = 20% — 20% aluminum
aluminum
Density p, (kg/m®) 1510 1690 1740
Absolute
temperature T, (K) 1282 2816 331
Characteristic 1209 1590 1577
velocity ¢*, (m/s)
Molecular mass m,
(ka/kg-mol) 20.1 25 29.3
Specific impulse Isp 192 262 266
O]
Specific ?Sat ratio y 1.6 121 117

By having extensively reviewed the candidate propellants, a conclusion was
made to produce the grain by using a composite AN type propellant due to its
relatively high energetic properties, grain stability, and a low decomposition rate
during the storage and cost-efficiency with regard to manufacturability. One must note
that, when testing the specimens for the AN based composite propellant, it was found
that the propellant during the storage period (which lasted from one to five years)
maintained similar energetic properties. From such optional tests, the conclusion was
drawn that the propellant is able to maintain its initial properties during extensive
storage periods. An additional note is required to present which concludes the
previous one. The tests of the ANCP specimens were done as additional research and
were not related to the main objectives of this research.

The graph below depicts multiple formulations of the solid rocket propellant
using varying amounts of AN, aluminium, and binder. Even though the relatively
well-known Wickman formula within the solid propellant community is comprised of
PSAN (phase-stabilized AN), magnesium powder, and R-45 polymer, here the
researchers opted for aluminum because of the high energy it produces during the
combustion and — of course — additional safety and cost benefits. However, due to the
difficulty with combusting particles of aluminum because of the tough shell of
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aluminum oxide (alumina) that encases the readily oxidized metal, it is paramount to
optimize the composition of the binder. The binder is meant to increase the
combustion and stabilize its rate. The commonly used additives for this purpose are
Sulphur and Red iron oxide, as used by NASA’s Space Shuttle Booster Propellant.
This graph depicts twenty-one different formulations marked by hollow circles
together with the actual formulation used for the RM-12K solid propellant marked by
the opaque circle [52].

(NH4)(NO3)

Aluminium

Fig. 1.3.3. Ternary plot of ANCP various compositions

From the graph, one can see an interesting pattern formation which, for the purpose
of this discussion, may be called the ‘safety isle’. Every dot on the graph represents a
‘successful” formulation — in the sense that the resulting propellant was able to start
the combustion and get combusted or to be able to combust without exploding.
Therefore, when looking at the resulting pattern, one can conclude that any variation
of AN, aluminum and binder within the ‘safety isle’ could, potentially be a valid
propellant with a different specific impulse. Furthermore, one can see that, for a solid
propellant to be a viable option for the rocket motor, it has to contain anywhere
between 7% and 25% aluminum, 38% and 80% of AN, and 8% to 38% of Binder. It
is important to note, however, that even within the ranges provided by the research, it
is possible to obtain a formulation that would not combust or potentially explode, as
the actual ‘safety isle’ is more like a ‘U’ shape pattern rather than an uninterrupted
area as seen in the graph. As the addition, one must conclude that such variations in
the fuel, oxidizer and binder can lead to different performance of the propellant where
the limits of the motor mechanical integrity could be surpassed. In case of RM-12K,
the propellant was used to be less energetic, but more stable regarding the burn rate,
where pressure fluctuations were small, and combustion was more stable. Such a
formulation allows to have a margin of safety for the mechanical components of the
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rocket motor only by sacrificing a small amount of power in order to achieve better
stability.

1.3.3. Thrust characteristics of solid propellant grains

Solid propellants in the solid rocket motors are used in forms called grains. The
structure and size of the propellant’s shape determine the burning time, the quantity
of fuel, and the combustion rate originating from the combusting propellant and, as a
result, thrust profile.

The combustion duration of the propellant is defined by the burning rate of the
propellant and the thickness of the propellant grain. The surface area of the grain
changes during the combustion process with respect to the shape of the grain;
therefore, the thrust may be either high (but with the low combustion duration), or low
(but combustion extends over a longer period of time). In reality, combustion
characteristics are not that binary as it is possible to moderate the combustion duration
and thrust in non-linear patterns by creating specific grain shapes depending on the
mission requirements.

The burn rate is influenced by the Combustion chamber pressure, the initial
temperature of the propellant grain, the velocity of the burning gas falling parallel to
the burning surface, the local static pressure, the motor acceleration, and the spin.
These elements are discussed below.

The burning layer of the rocket propellant grain recedes in the way
perpendicular to the wall of the propellant grain. The pace of regression, typically
measured in millimeters per second, is termed the burn rate. The burn rate may differ
significantly for different propellants and within a variety of operating conditions.
Recognizing quantitatively the burning rate of the propellant, and how it changes
under different circumstances is of the most important aspects in the successful design
of the optimal rocket motor performance.

The optimal propellant grain must not only develop the desired particular
performance, but it must also demonstrate adequate mechanical properties to
withstand high pressure from the combustion chamber and the temperature caused by
chemical reactions by the combusting propellant. Otherwise, the propellant grain is at
risk of producing a crack with an explosion as a likely consequence [54]. The
paragraphs below discuss different propellant grain designs and their influence on
SRM performance. The five different propellant grain types were reviewed, which
were, specifically, Rod and tube, Tubular, Multi fin, Dual composition, and Star. The
main interest was directed towards these grains which could enable us to achieve a
neutral-like thrust profile or a semi-constant thrust profile. It is worth noting that an
additional grain type which is progressive or regressive was reviewed for the reasons
of comparison.

The traditional rod-in-tube (R-I-T) propellant grain (Fig. 1.3.4) pattern involves
two casting processes, one for the rod part of the propellant grain, and the other for
the tube part. The mechanical assistance device is also needed for the rod part of the
grain. This device increases the motor’s weight; However, irrespective of this
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additional weight, the R-I-T propellant grain offers the so-called burning neutrality,
which is suitable for some operations.

Thrust

@)

Time
Fig. 1.3.4. Rod and Tube propellant grain cross-sectional view [55]

A slight improvement on the aforementioned design is the single cast Rod-in-
tube solid-propellant rocket motor grain. It creates burning neutrality, which produces
a minimum propellant sliver during the combustion. The main advantage of this
improved design is that, while being single cast, it does not deliver the additional
weight of the mechanical assistance device as the rod is cast into the tube.

Tubular grain (Fig. 1.3.5) is one of the simplest solid propellant grains. The
simplicity of the design makes the fabrication process relatively simple as it does not
require sophisticated machinery and casting molds.

Thrust

Time
Fig. 1.3.5. Tubular propellant grain cross-sectional view [55]

The grain thrust curve is progressive and leaves virtually no sliver. However,
the practical implementation of this strategy is limited because the progressive thrust
curve behavior has aerodynamic inefficiencies for low altitude applications, where the
drag forces limit the performance of the rocket and create high aerodynamic pressures
on the rocket shell.

The key features of the Multi-fin solid propellant grain (Fig. 1.3.6) type are the
high thrust and the short burn duration, and the curve of such a combustion profile is
called ‘dual thrust’. Such a type of the propellant grain is used where the motor needs
a short, rapid burst to propel the object.
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Time
Fig. 1.3.6. Multi-fin propellant grain cross-sectional view [55]

The most common application for this grain type is to launch escape systems,
where a short, powerful burst is desired to detach the crew cabin from the launch
vehicle in case of an emergency.

The Dual composition solid propellant grain type is based on the ‘cross’ shape
cut-out. Such a design is based on the regressive thrust cure behavior (Fig. 1.3.7).

Thiust

S0,

- Time
Fig. 1.3.7. Dual composition propellant grain cross-sectional view [55]

The Dual composition propellant grain type initially has a large surface area
which progressively gets smaller during the combustion, which means that the thrust
is getting progressively lower as well.

The Star type propellant grain is the neutral thrust curve type grain (Fig. 1.3.8).
The thrust curve behavior is similar to the rod and tube propellant grain type, but the
item is easier to fabricate and features superior mechanical properties because of the
monolithic nature of the cast, unlike in the Rod in tube design.

Fig. 1.3.8. Star propellant grain cross-sectional view [55]

Some variations are possible for the star-shaped propellant grains, such as
making fillets on the star spikes in order to control the sliver influence at the end of
the steady-state combustion process, but such enhancements make the fabrication
harder, which can lead to crack development near the fillet regions. In the Star-shaped
propellant grain, the spikes of the star are placed in such a configuration that the
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burning surface is semi-constant during steady-state combustion; therefore, it
produces a steady (neutral) thrust [56].

1.3.4. The impact of the converging-diverging rocket nozzle on the solid rocket
motor performance

A nozzle is a tube of varying cross-sectional area which is positioned at the end
of the rocket motor with the aim to increase the velocity of the outflow of the gases.
The nozzle is as important to the rocket motor as the propeller is to the shaft-engine
propulsion systems because it converts and amplifies the thermal energy produced by
the burning grain of the motor into the kinetic energy required to generate relative
motion. This relative motion is created in the simplest case by ejecting the mass back
through the nozzle from the chamber with the reaction forces acting mainly on the
opposite chamber wall with a small contribution from the nozzle walls.

It is said that the nozzle begins where the chamber diameter begins to decrease.
Since the flow within the nozzle is very fast, it can be considered as adiabatic to the
first approximation, therefore the isentropic model is a good enough assumption for
preliminary design calculations and simulations of the rocket motor nozzle.

When it comes to nozzle design configurations, several different well-
researched options with varying geometries and performance are available today.
Since the inlet shape, the contour of the throat or the inlet angle are not very critical
for performance, the main factors to be considered while choosing the nozzle design
are the actual shape of the nozzle extending from the throat (the narrowest point in the
nozzle) to the divergent section, as depicted in Fig. 1.3.9. The first three sketches
depict the more commonly used conical and bell-shaped nozzles, whereas the final
three types — although well researched and abundant in literature — have never been
used in a commercial rocket design yet.
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Fig. 1.3.9. Simplified diagrams of different generic nozzle configurations and
their flow effects [57]

The bell nozzle (Fig. 1.3.10) is the most common nozzle in the rocket propulsion
research and development. Such a type of the nozzle allows enhancing the velocity of
the combustion products in the most efficient way. Even though this nozzle is highly
efficient in converting the thermal energy into the thrust momentum, it can be
optimized only for a specific range of altitudes, beyond which, the performance may
suffer significantly. As a result, staging is required to eliminate this disadvantage
where another bell nozzle is introduced which would be designed for a different
altitude range or even vacuum. One must note that it is possible to extend the altitude
range of the bell nozzle by creating the so-called dual-bell profile where two shock
zones can appear in different altitude ranges [58].

Fig. 1.3.10. Bell nozzle [58]
The conical nozzle is one of the simplest nozzles to fabricate. Due to its

simplicity, it is less efficient than the bell nozzle. However, such inefficiency is
marginal (around 1%) stemming mainly from shock misalignment.
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Fig. 1.3.11. Conical nozzle [58]

The aerospike nozzle is most unique in comparison with the others described
above. Even though technically it is an inverted bell nozzle, however, it does not have
to be radial as the cross-section of the said nozzle can also be linear without any
specific length limitations. As a result, such a design allows to eliminate altitude
inefficiencies but involves a potential risk of getting clogged by the combustion
residue. Additionally, it suffers from one of the most complicated fabrication
processes.

Fig. 1.3.12. Aerospike nozzle [58]

1.3.5. Discussion on nozzle selection

The three final nozzles as depicted in Fig. 1.3.9 were discounted early in the
process as viable options for the RM-12K rocket motor due to their intrinsic properties
geared towards performance benefits in the high-altitude, lower atmospheric pressure
conditions. The aforementioned nozzles achieve better results in the high altitude due
to the central body inside the nozzle that provides altitude compensation, which means
that the hot-gas boundaries outside the nozzle can grow even when the outside
pressure decreases thus allowing for a better optimized expansion with an increase in
altitude. Since the RM-12K motor is designed for low-altitude (up to 2.2 km)
conditions, the benefits of these nozzles would not be pronounced enough to justify
the complex fabrication techniques required in order to manufacture the nozzles.

The first three nozzles as depicted in Fig. 1.3.9 were thoroughly researched and
simulated mathematically. Although the bell-shaped/contour nozzles are the closest
shape to the ideal nozzle shape which can be calculated by using the prescribed motor
design parameters, we have chosen the conical nozzle. This nozzle is the oldest and
perhaps is of the simplest configuration. The main reason for choosing it was the
simplicity in fabrication and the fact that its shape would not need to change if the
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propellant grain properties changed. However, when simulating the flow with the
conical nozzle — assuming ideal conditions where the isentropic flow is achieved — the
theoretical correction factor A must be applied to the nozzle exit momentum. This
factor is the ratio between the momentum of the gases exhausting with a finite nozzle
angle 2« and the momentum of the ideal nozzle with all the gases flowing in the axial
direction:

/1:%(1+C08a) (1.5)

For ideal rockets, A is 1.0. However, in this case — due to the divergence cone angle
of 30° (half angle a = 15°) — the exit momentum and, therefore, the axial exhaust
velocity will be 98.3% of the calculated velocity assuming the ideal conditions. Small
nozzle divergence angles may allow most of the momentum to remain axial and thus
produce high specific impulses, but they result in long nozzles thus introducing
performance penalties in the rocket propulsion system and the vehicle mass
amounting to minor losses. Larger divergence angles give shorter, lightweight
designs, but their performance may become unacceptably low. Depending on the
specific application and the flight path, there is the optimum conical nozzle divergence
value (typically between 12° and 18° half-angle) [60].

Therefore, taking the aforementioned factors into consideration, we designed
the current nozzle with the aim to minimize the frictional effects, flow disturbances,
and circumstances that may lead to shock failures. A CAD representation of the nozzle
design is shown in Fig. 1.3.13.

Converging zone

Throat

AXis

Diverging zone

Fig. 1.3.13. Cross-sectional view of the nozzle

All in all, the selected conical shape of the nozzle with a standard divergence
factor of 15° has proven to be a prudent decision that minimizes fabrication costs and
still provides the optimal performance with the given rocket motor design and mission
parameters.
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1.3.6. 1D isentropic model study of the nozzle

The 1D isentropic model assumes that the nozzle flow is one-directional and
axisymmetric. It allows simplifying the calculations in order to obtain parameter
values in ideal conditions. When using this model, the nozzle shape is irrelevant, and
the flow depends only on the cross-section area ratios. For this concept, the method
of characteristics of the ideal propulsion system is useful because the required
thermodynamic principles can be expressed with simplified mathematical models thus
doing away with two- or three-dimensional equations of the real aerothermal chemical
behavior. Taking into account a few assumptions required to achieve the isentropic
model, the resulting values are satisfactory for studying rocket propulsion systems as
well as testing and evaluating various prescribed design parameters.

The main assumptions used in performing the calculations are as follows:

1. There is no heat transfer across any and all gas-enclosure walls;
therefore, the flow is adiabatic.

2. Thereis no appreciable wall friction, and all boundary layer effects may
thus be neglected.

3. There are no shock waves or other discontinuities within the nozzle
flow.

4. The solid propellant is homogeneous and uniform, the burning rate is
steady.

5. All the exhaust gases leaving the rocket nozzle travel with a velocity
parallel to the nozzle axis.

6. The gas velocity, pressure, temperature, and density are all uniform
across any section normal to the nozzle axis (the combustion chamber).

We note that ideal isentropic conditions imply that no losses occur within the
flow, whereas the optimum conditions are a separate concept reflecting the best-
calculated performance at a particular set of prescribed parameters.

1.3.7. Nozzle flow equations

When constructing a model, it is paramount to calculate the model
characteristics mathematically beforehand so that the obtained results could be used
to validate the model. Even though the experimental approach theoretically provides
the most accurate results for validation, however, sometimes, the experimental
approach can be difficult to rely on because of the different test conditions and
difficult to accurately measure various parameters due to physical constraints. The
best practice is to compare both —experimental results and calculated results —in order
to validate whether the rocket motor is predictable enough according to the
mathematical assumptions.

Having said that, it is crucial to estimate the motor’s thrust. To calculate the
thrust of the rocket, first of all one needs to calculate the pressure, velocity, mass flow,
temperature, and the optimal efficiency of the nozzle. Since the nozzle transfers
thermal energy into kinetic energy, it is the best practice to feed the static combustion
chamber pressure and temperature as the initial input into the equations and calculate
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the remaining values with regard to other predefined design characteristics. One must
note that the main parameters which rely on such calculations are the specific heat
ratio, nozzle throat, and exit areas.

We take into account that the calculations were done for the conical nozzle (they
can also be applied for the bell nozzle). The minimum nozzle cross-sectional area is
referred to as the throat and is denoted as t or * (an explanation will be presented
below).

Knowing the aforementioned values enables us to calculate the thrust and mass
flow rate and to determine where the shock occurs, which tells us how well optimized
the flow produced by the nozzle really is.

A converging-diverging nozzle flow starts with the converging section where M
< 1 (M refers to a dimensionless Mach number), then narrows down to the throat
where M = 1, and finally diverges to the exit where M > 1.

When assuming that the flow is isentropic along with the nozzle, we can
calculate the effectiveness of the nozzle by obtaining values for the temperature ratio,
the exit speed, and the mass flow rate. In the converging-diverging nozzle used for
the supersonic flow, both the throat area and the exit area should be optimized for the
maximum thrust as a function of altitude and the flight speed.

In the RM-12K rocket motor, the chamber pressure was pc: 6.08E+06 Pa, the
Chamber temperature equaled T¢: 2322K, the Coefficient of heats (y) was 1.19, and
R is given as 347.9 J/kg/K. The following calculations will assume a rocket operating
near the sea level with an ambient pressure of 101.3E+03 Pa. The radius of the throat
is 44 mm, and the radius of the nozzle exit is 114 mm.

In the following equations, the notations are as follows: T; (or T") — gas
temperature at the throat of the nozzle, T. — gas temperature at the exit of the nozzle,
pt (or p*) — gas pressure at the throat of the nozzle, p. — gas pressure at the exit of the
nozzle, y — specific heat ratio of the gas, A. — area at the exit of the nozzle, ve — gas
velocity at the exit of the nozzle, R — gas constant, m — mass flow rate of the
combustion gas through the nozzle, Me — Mach number at the exit of the nozzle. One
must note that the abbreviation for t and * is dedicated to describing the variable at
the throat level (t) and the critical variable at the throat level (*), respectively. In
addition, one must note that t and * in the ideal system should be the same, but in a
real system * can shift from t due to instabilities and the chaotic nature of the
combustion processes where combustion products are not perfectly homogenous with
regard to the pressure, density and temperature of the occurring process.

In order to estimate the effectiveness of the nozzle, the objective is to find the
flow conditions at the throat and at the exit for a given set of the observed and

calculated parameters [61]:
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In the converging-diverging nozzle used in the supersonic flow, both the throat
area and the exit area should be optimized for the maximum thrust as a function of the
altitude and flight speed. As seen in the equation below:
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When the flow is isentropic all along with the nozzle, i.e., for values of po/p:, the
exit Mach number Mg is given by [61]:
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With the given motor characteristics, pressure p* at the throat is 5.73E+06 Pa.
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One must note that E in Eq. (1.11) stands for the specific internal energy of gas,
and its value is 10.11E+06 J/kg.
2T.Ry
E ="+
Y

For pe calculation, one must note that it has to be equal or close to the ambient
pressure. In this case, pe was 1.01E+03 Pa since the test was conducted on the ground
(at the sea level).

Given the aforementioned values, the resulting exit Mach number (M.) was
calculated as 2.97 Mach, which is consistent with the cross-referenced value from the
A*/Ae graph depicted and explained at the end of this section.

Having obtained the chamber temperature which was taken from chemical
kinetics calculation, the velocity at the throat v was 937 m/s.

- |(2rRT.) (1.14)
y+1

Having determined the throat temperature and the exit Mach number, one can
calculate the exit velocity. This value is one of the key values in order to calculate the
motor’s thrust. The exit velocity was 2204 m/s.

(1.13)
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The throat temperature rate of change is described as the specific internal energy
which is the internal energy divided by the mass. This value describes the rate of
change from the thermal energy which is produced in the combustion chamber to the
kinetic energy which produces the thrust for the rocket motor. The value of the rate of
change was denoted as Ei = T" and was equal to 10.11E+06 J/kg.

o (2R (1.16)

y—1
Upon having obtained the chamber temperature, the ambient pressure and the
chamber pressure, one can calculate the exit temperature. This shows how much the
temperature decreases when it leaves the rocket nozzle. One can note that this can
clearly show how the thermal energy is dissipated in the nozzle when the thermal
energy is transferred to the kinetic energy. The exit temperature was calculated as
1207.8 K.

71
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Mass flow rate and thrust calculations are presented in Eq. (1.7) and Eq. (1.9).
Given the resulting values above, the mass flow rate was m = 5.424 kg/s, and thrust F
= 11952.65 N. The calculated thrust value is consistent with the empirical and
simulation data. One can confirm other values by the drawings area, pressure and
temperature ratio graphs as a function of the Mach number in order to test whether the
values obtained by the calculations can be found on those graphs, which would
suggest that the values are accurate enough for preliminary design calculations [61].

Table 1.5. Calculated values of the rocket motor nozzle

Altitude, m 1
Coefficient of Heats, v, - 1.19
Gas constant, R, j/kg/K 347.9
Exit pressure, pe, Pa 1.01E+03
Pressure ratio, pi/pe 0.0167
Temp Ratio, A/A: 0.52
Density Ratio, pe/p” 0.04

Rate of change, T*, J/kg 1.01E+07
Throat pressure, p;, Pa 5.73E+06

Throat velocity, vi, m/s 937

Exit velocity, Ve, m/s 2204

Mass Flow rate, m, kg/s 5.42
Thrust, F, N 11952.65

Exit temperature, T, K 1207.8
Exit speed of sound, v, m/s 707
Exit Mach, Me, - 2.97
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The nozzle area ratio A«/A. is defined by dividing the nozzle local area by the
nozzle throat area, and this ratio is in the range from 0 to 1 across different Mach
values (Eq. (1.10)).

For this design, A- was 0.00152 m?, and A. was 0.0102 m? with the 0.1489 area
ratio. The area ratio of the developed RM-12K rocket motor is presented in the figure
below (Fig. 1.3.14).

Area Ratio A*/A

" D0 A I
m A%SA - A48949073¢

/’—\

Mach
Fig. 1.3.14. Area ratio of the nozzle of the designed rocket motor

The nozzle pressure ratio pe/p” is defined by dividing the nozzle local pressure
by the nozzle throat pressure across various Mach values.
y+1

P _ 2 (1.18)

Py /1+7T+1Me

For this design, p” was 5.73E+06 Pa, and pe was 1.01E+03 Pa with the 0.0167
pressure ratio. The pressure ratio of the developed RM-12K rocket motor is presented
in the figure below.

P/P*

Mach
Fig. 1.3.15. Pressure ratio of the nozzle of the designed rocket motor
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The nozzle temperature ratio Te/T" is defined by dividing the nozzle local
pressure by the nozzle throat pressure across various Mach values. For this design, Te¢
was 2322 K, and T, was 1207 K with the 0.52 temperature ratio. The area ratio of the
developed RM-12K rocket motor is presented in the figure below.

(1.19)

Mach
Fig. 1.3.16. Temperature ratio of the nozzle of the designed rocket motor

For this design, p*/pe ratio was 0.04. The area ratio of the developed RM-12K
rocket motor is presented in the figure below (Fig. 1.3.17).
r+l
P 2 (1.20)
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Fig. 1.3.17. Density ratio of the nozzle of the designed rocket motor
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1.3.8. Validation of the results

After a close inspection of Figures 1.3.14 through 1.3.17, it is possible to
conclude that the results in Table 1.5 are physically verifiable and valid because one
can find corresponding points in the graphs at a given Mach value of 2.97 — the one
obtained by calculating the exit velocity. The figure below depicts the area, pressure,
density, and temperature ratios. The markers indicate the calculated nozzle ratios from
the throat and the exit.

Ratio
[ ]

o —e
0 1 2 3 4
Mach number
Fig. 1.3.18. Nozzle ratios with marked values for the proposed design

All in all, the results obtained by the one-dimensional isentropic flow model are
beneficial in order to determine the resulting rocket characteristics from the prescribed
design parameters. In this particular case, we are able to calculate values that were
instrumental in confirming the simulation results. One can conclude that the nozzle
produces supersonic flow after the throat, which produces sufficient thrust with shock
forming almost at the nozzle exit for slightly suboptimal performance, but the given
benefits provided by the conical nozzle shape — the ease of manufacturing the nozzle
and the ability to use different types of propellant grains — outweigh the slight loss of
performance.

1.3.9. 3D study

The simulation study by itself is based on mathematical calculations in the
computational domain where computational cells are discrete entities which represent
the fluid motion. For this particular research, the VoF (Volume of Fluid) method was
used because Typical CFD methods which are based on Lagrange methods where
mesh discretization is based on hexahedral cells had limitations whenever dynamic
boundaries were introduced. This was caused by the relatively complex propellant
grain whenever there was great possibility to generate high skewness cells, which led
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to singularities and negative values. Having said that, Eulerian based mesh methods
were chosen as the best candidate to solve such a problem because it was possible to
track the moving boundary continuously throughout the grid in the fraction-like
manner.

Since the C-D nozzle is of the commonly applied geometry, it requires
extremely precise modeling in order to optimize the smooth flow. Use of software
which solves computational fluid dynamics to study supersonic and subsonic flows in
the convergent-divergent nozzle will deliver a higher precision. The most important
thing is that the nozzle should be able to perform as designed. Having said that,
additional features where a numerical study is more advantageous than the analytical
one offers a possibility to capture the sliver phase as precisely as possible. This is
crucial for the motor optimization problems.

1.3.10. Internal ballistics of the solid rocket motors and their combustion stages

In the process of combustion of the propellant grain, thermal energy is
transferred into kinetic energy which produces thrust. Internal ballistics in the start-
up, steady-state and tail-off is the same. Internal ballistics relies on the combustion
chamber temperature, the ratio of specific heats, the combustion chamber pressure,
the mass flow rate, and other factors. All these parameters define thrust which the
motor is producing during the combustion. In the paragraphs below, all the three
phases of the combustion process will be presented in greater detail to showcase the
influence towards the performance of the rocket motor and the possible offset from
its design requirements [62].

The solid rocket motor is ignited by using initiation charge which is made from
the propellant mixture with a fast burn rate and a high temperature. The igniter can be
mounted on the bulkhead of the rocket motor or just simply placed into the combustion
chamber at the bottom of the rocket through the throat of the nozzle. Such an approach
eliminates the mass of the igniter after the ignition by simply leaving it on the launch
pad, but, in most cases, the effect of this additional mass from the igniter is negligible
with regard to the rocket’s performance [63].

During the start-up phase (when the motor starts to ignite), the pressure in the
combustion chamber rapidly increases to the point where it creates a shock-like effect
within the combustion chamber. In this phase, it is crucial that the mechanical
properties of the propellant grain and motor casing could sustain the initial blast
without creating cracks which can lead to the explosion of the rocket motor.

The steady-state phase is the main and the longest phase of the combustion
process. In this mode, the rocket motor performs according to its grain characteristics.
One must note that the calculated results can be slightly different from the
experimental ones because combustion phenomena are a complex process with
multiple constantly changing variables that can differ from the theoretical values.

Almost every solid propellant grain design produces sliver at the end of the
steady-state phase. The thrust generated during the sliver phase is not sufficient
enough to produce the required thrust-to-weight ratio for the vehicle to perform
nominally. The sliver is all the remaining leftovers of the propellant after the steady-
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state phase has been completed. High amounts of sliver indicate inefficiencies of the
propellant grain design or faults in fabrication. Commonly, the sliver phase is coupled
with the tail-off phase when the propellant is about to be depleted, and the pressure in
the combustion chamber starts to decrease towards the ambient pressure [64].

1.4. Introduction about the specific system used in the research

This particular research is focused on internal ballistics modeling of a specific
system that we not only built and conducted experiments on but also deployed it in an
actual rocket system. The aforementioned specific system is a rocket motor with a
nominally designed thrust of 12000 — 10000 N that uses solid propellants; this is where
the name RM-12K that is referred to throughout the dissertation stems from — “Rocket
Motor” (RM) with the 12000N average thrust (12K). All the experimental data
collected during static firing tests was obtained by using this rocket motor. We were
able to use the collected data to validate the internal ballistics model created as a result
of this research. Furthermore, as mentioned above, RM-12K is also used in the RT-
400 aerial target system. The motor has been successfully deployed with RT-400
systems since 2014 and is still being used to this day (2019 as of writing). The military
exercises were as follows:

1. “Amber Arrow 2014”, Klaipéda, Lithuania, Baltic Sea (from Vidar class staff
and support ship N42 Jotvingis)

2. “Amber Arrow 2015, Klaipéda, Lithuania, Baltic Sea (from Vidar class staff
and support ship N42 Jotvingis)

3. “Amber Arrow 177, Juodkranté, Lithuania (From Juodkranté training ground)

4. “Baltic Zenith 2018”, Skéde, Latvia (from Skéde military site)

5. “Baltic Zenith 2019”, Pape, Latvia (from Pape airfield).

The motor is highly practical, sometimes even at the expense of performance
(as we shall discuss below), but, on the upside, its practicality, ease of fabrication and
satisfactory characteristics made it a success worth investigating. That is another
motivation for us to construct an internal ballistics model of this particular motor as
we hope to optimize and improve the said motor to the extent that we want to fully
understand it.

1.4.1. Rocket-propelled aerial target system — RT-400

RT-400 is a rocket with a solid propellant motor that is designed to mimic
certain characteristics of live aerial targets for air defence applications. RT-400 stands
for Rocket Target which is 400 mm in diameter and is an abbreviation for the short-
range aerial defence training system designed and developed by Kaunas University of
Technology (KTU) Institute of Defence Technologies, Department of Rocketry
Applications [65]. The RT-400 aerial target system is depicted in the picture below.
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Fig. 1.4.1. RT-400 Aerial target system with RM-12K solid-propellant rocket
motor

The system has been successfully deployed in short-range air defence training
exercises as a cost-effective way to train operators in defending against aerial threats
when using short-range guided anti-air defence systems such as STINGER [66],
GROM [67] or RBS-70 [68].

1.4.2. Purpose of RT-400

The purpose of the RT-400 system is to substitute a fighter jet or an attack
helicopter for short-range anti-aircraft defence training military exercises. The solid
propellant rocket was chosen as a vehicle capable of achieving the aforementioned
goal because of its relatively high velocity, cost-effectiveness, ease of use, and
durability. These attributes are desired for the training purposes because they provide
learning opportunities even for experienced anti-air systems operators. Conventional
targets used for training are either stationary ground, sea objects or moving UAVS or
drones. They are used for training operators to improve their lock-on and aiming
abilities, but these types of exercises do not prepare for more realistic high-speed
aerial target acquisition and termination scenarios. Both UAVs and drones lack
realism as far as simulating the fighter jet behavior is concerned as they lack speed,
can be costly, difficult to operate and are not always suited for harsh weather
conditions/poor visibility situations. Meanwhile, a rocket-propelled target can be
deployed in almost any weather conditions, with minimal operational overhead, and
can be launched in different ballistic trajectories that can make the training more
dynamic thus allowing for more realistic exercises.

42



1.4.3. Sub-systems and prescribed design parameters of RT-400

The RT-400 system consists of 4 key subsystems that allow it to be safely
deployed and operated during military exercises as a standalone device or as
embedded into or combined with other vessels.

The 4 key subsystems are as follows:

1. The mobile launch system which is a portable, reusable fire-resistant
lightweight trailer with a built-in rocket launcher and safety mechanisms.

2. The launch sequence check and initiation hardware — this is an additional part
of the rocket launcher responsible for the launch control.

3. The remote controller connected by wire to the launch control system allows
for the safe and timely launch of RT-400 rockets.

4. The RT-400 rocket motor is a solid propellant powered rocket consisting of 7
core parts (Fig. 1.3.1).

Furthermore, the RT-400 system was designed by using several prescribed
parameters. One of the key design requirements was the size of the rocket which had
to feature a sufficient cross-section in order to be detected by various radar systems
during training sessions. RT-400 had to be designed in such a way that it would be
able to simulate various types of aircraft; therefore, multiple design parameters had to
be met, such as velocity, flight height, range, rocket size, and flight time. The full list
of various design and performance properties is presented below in Table 1.6.

Table 1.6. Properties of the RT-400 system

No. Property Value | No. Property Value
1. Length of the target, I, m 5.2 9. Rocket motor mass (with 35
propellant), mmot, kg
2. Length of the rocket motor, I1, m | 1.06 10. Rocket mass, m, kg 105
3. The diameter of the target, d m 04 11. Burn time Oftbthe rsOCKEt motor, 3.25
urn,
4, The diameter of the target, d, m 0.16 | 12. Maximum flight time of the 44.92
rocket, tmax, S
5 The nominal thrust of the rocket 10 13, Maximum flight range, Xmax, 45
motor, Tnom, KN km
6. The impulse of the rocket motor, 3 14, Maximum flight height, Y max, 29
I, kNs km
7 The specific impulse of the 182 | 15 The velocity range of the 30 -
' rocket motor, Isp, s ' rocket, v, m/s 282
8. Propellant mass, Mprop, kg 18 16. Drag coefficient, cd, - 0.48

As the table shows, RT-400 is 5.2 meters in length, 0.4m in diameter with a nose
shape that generates a drag coefficient of 0.48 that allows the rocket to stay in flight
for the maximum of approximately 45 seconds and fly for 4.5km at a maximum height
of 2.2 kilometers while reaching a top speed of 0.8 Mach.

The aforementioned performance metrics are sufficient to mimic a fighter jet or
an attack helicopter passing by at a realistic speed and altitude in order for anti-air

43



systems operators to gain valuable training experience by practicing with the RT-400
system.

1.4.4. RT-400 use in practice

The RT-400 short-range air defence training system has already been deployed
in military exercises, during which, the system was embedded in a naval vessel and
also used on land. The system has been successfully deployed during day and night-
time exercises. Due to its relatively lightweight design, it can be operated by as few
as 2 people, however, manning by 4 individuals is recommended due to the manual
effort required in reloading the system with new RT-400 rockets after each launch.
The reload of the system takes about 10-20 minutes, which involves only placing a
new target onto the launcher as the launch angle is set automatically for the desired
ballistic trajectory after the reload procedure has been completed.

During a standard exercise routine, once the RT-400 has been loaded, the
launcher sets the angle to reach the desired mission parameters and is launched
remotely. Once RT-400 is airborne, an anti-air system (STINGER, GROM, RBS-70)
operator acquires the moving target and takes a shot. RT-400 is then destroyed on
impact, and the system is reloaded to launch another target if required. The system
has already proven its feasibility in military exercises because of the simplicity of
design, safety, ease of use, and cost-effectiveness. The following discussion will
elaborate on the research and data behind the RT-400 design parameters that mimic
fighter jet or attack helicopter characteristics and enables it to be used reliably and
safely for military training purposes.

1.5. Summary

In this section, the following concepts were introduced:

1. The design features of the solid propellant rocket motors, why this type of
propulsion device is unigue with regard to design and performance.

2. The solid propellant composition, performance, and comparison with other
Ammonium Nitrate formulations.

3. Discussion about various propellant grain types and key features with regard
to motor performance.

4. Discussion about various nozzle types and explanation of the criteria used
when selecting a satisfactory nozzle for RM-12K. Its influence in the flow
acceleration.

5. Solid rocket motor characteristics. Start-up, steady-state, sliver and tail-off
phases.

6. Real-world implementation of the motor in the aerial target system.
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2. MODELING OF THE SOLID PROPELLANT ROCKET MOTOR

2.1. Key factors and advantages of simulations in solid rocket motor internal
ballistics research

Simulations for rocket propulsion applications are becoming increasingly more
affordable for small-scale research and the private space industry. Increasingly more
research is being performed by employing numerical methods for rocketry and space
applications [69]. These developments have become available because of the
relatively cheap and abundant computational resources which can be harnessed from
computer clusters/clouds [70], local machines, or even low power computing clusters
of various architectures [71]. For example, most of the research and development
(R&D) prototypes at the private space exploration company SpaceX were developed
by using simulations in the ‘cloud’ rather than by static testing. This approach saves
labor and money, and, in turn, enables companies and researchers to expedite the
iteration of propulsion system designs [72].

Despite the advantages of numerical method-based simulations, there are still
persisting significant challenges that must be considered before employing this
technique. The main issue of the classical analytical methods is the need for
homogeneous (linear) models, which is not a realistic assumption in fluid dynamics
and therefore does not represent the physics accurately. For this reason, numerical
method-based computer simulations are an attractive option as they are capable of
dealing with the chaotic nature of multiple, high energy reactions occurring
simultaneously. However, simulations have inherent challenges that do not need to be
considered in experimental approaches. One of the key challenges is the initialization
of the solution, which requires the setting of all the environmental parameters semi-
subjectively. This is important because the parameters must represent the domain in
which the model has to operate, and, therefore, a slight divergence from reality may
render the simulation results useless and impossible to reproduce in the field activity.
Another key challenge is the determination of the numerical schemes. Unfortunately,
there is no ‘right” answer when it comes to choosing one, and thus the simulation
results can vary on the case-by-case basis.

2.2. Model and methods of the solid rocket motor internal ballistics

The modeling approach was selected in order to reduce the need for
experimental testing. Internal ballistics was modeled as a CFD (Computational Fluid
Dynamics) problem.

Computational fluid dynamics (CFD) is the simulation of physical sciences that
represents how fluids affect objects. Fluid dynamics uses Navier-Stokes equations
[73]. These equations describe how the velocity, pressure, temperature, viscosity,
concentration and other properties of the fluid are interlinked. CFD has become a
valuable tool for analyzing energy properties and modeling the airflow. In this
research, CFD is based on the volume of fluid method where the object is transformed
from the geometrical type, Computer-Aided Design program (CAD) to the mesh type,
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which means that every element of the mesh is converted to a single cell which
connects and shares information with the neighboring cells through the nodes.
Computations are executed for each cell (by computing their centroids) separately by
solving partial differential equations (PDE’s) for every iteration with regard to the
prescribed boundary and initial conditions. CFD has been around since the early
twentieth century and has been mainly used for researching gas flow in aerospace,
automotive, oil and gas as well as energy industries [74].

The aforementioned Navier-Stokes equations in fluid mechanics are partial
differential equations that describe the flow of fluids. To be more specific, the
equations describe how the velocity, pressure, temperature, and density of a moving
fluid are related. The equation is a generalization of the equation devised by Swiss
mathematician Leonhard Euler in the 18" century to describe the flow of
incompressible and frictionless fluids [75]. The element of viscosity (friction) was
introduced by French engineer Claude-Louis Navier in 1821 for the more realistic and
far more difficult problem of viscous fluids. British physicist and mathematician Sir
George Gabriel Stokes improved on this work throughout the mid-19" century,
although, at that time, complete solutions were obtained for simple two-dimensional
flows only.

The equations are a set of coupling differential equations and can be solved in
theory by using calculus methods for a given flow problem. But, in practice, these
equations are too difficult to solve analytically. Recently, modern computers have
been used to solve approximations to the equations by using a variety of techniques,
such as the finite difference, finite volume, finite element, volume of fluid and spectral
methods. This area of study is called Computational Fluid Dynamics or CFD.

Navier-Stokes equations consist of a time-dependent continuity equation for the
conservation of mass, three time-dependent conservation of momentum equations,
and the time-dependent conservation of energy equation. There are four independent
variables in the problem, the X, y, and z spatial coordinates of some domain, and time
t. There are six dependent variables; pressure p, density p, and temperature T (which
is contained in the energy equation through the total energy E:), and three components
of the velocity vector; the u component is in the x-direction, the v component is in the
y-direction, and the w component is in the z-direction. All of the dependent variables
are functions of all the four independent variables. The differential equations are
therefore partial differential equations and not the ordinary differential equations. To
indicate partial derivatives, the symbol ‘partial’ is used. The symbol indicates that all
the independent variables must be fixed when computing a derivative, except for the
variable next to the symbol.

To solve a flow problem, one has to solve all the five equations simultaneously;
that is why it is called a coupled system of equations. There is actually a sixth — state
—equation that is required to solve this system which relates the pressure, temperature,
and density of the gas with the specified stress tensors. One of the main issues of
solving the problem by the direct numeric solution (DNS) method is the enormous
computational power requirements because of the Kolmogorov microscales theory
[76] which states that the mesh size has to be as small as possible so that it would be
able to capture the smallest eddies in the computational domain, which means that
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hundreds of millions or billions of cells are needed for accurate results to be
implemented into the computational domain. This is why, approximations are used.

In CFD, the stress tensor terms are often approximated by a turbulence model
which is a simplified version of the complex Navier-Stokes mathematical description
because solving Navier-Stokes equations directly is inefficient (computationally) and
time-consuming. In CFD terms, the solutions acquired by using turbulence modeling
are called RANS (Reynolds-Averaged Navier-Stokes) or LES (Large Eddy
Simulation).

RANS simulation is one of the most popular methods to deal with numerical
problems [77]. This approach states that no computational domain is treated for direct
numerical solution, and everything is solved by using approximations with accordance
to the model in use. Such a method is used for practical applications on a daily basis
for calculating turbulent flows. One must note that there is a wide variety of turbulence
models since there is no one universal model to solve all the required problems by
using CFD. For instance, one can use a specific turbulence model designed to solve
flow separation, and another model to solve swirling flows (as an example).
Furthermore, when combustion problems have to be solved as precisely as possible,
the same turbulence phenomena can lead to unacceptable results. This is why it is
strongly suggested to validate models by comparing the obtained results with
experiments. All in all, the RANS method is based only on the modeling approach
and involves more diffusive terms than any other described method which yields a
more approximated result than LES or DNS, but it allows saving computational time
and still achieves acceptable results.

LES simulation is a hybrid between RANS and DNS [78]. This means that the
area of interest is solved by direct numerical solution, whereas other zones are solved
by the RANS method. This method is more computationally expensive and more
sensitive to the boundary and initial conditions, which, if set incorrectly, can exert
pronounced adverse effects on simulations. On top of that, we must note that, in
comparison with RANS, the mesh density has to be much more refined, which
increases the computational time.

2.2.1. Conservation of mass

To solve the partial differential equations by using numerical methods for the
specific problem, several assumptions must be taken into account, and also certain
boundaries have to be introduced. The conservation of mass according to Navier-
Stokes equations states that fluid dynamics and thermodynamic laws are based on
physical continuities. The principle of continuity, or the equation of continuity, states
that it is necessary for the fluid to move in such a way that the mass is preserved when
the fluid is in motion. This principle is a consequence of the law of mass preservation.
Hence, the conservation of mass (the mass continuity equation), Eq. (2.1), describes
how mass is conserved in a closed system [79]. It is worth noting that the partial
differential equation representing mass conservation in the fluid flow can be derived
in a sense working backward to recover an integral form often referred to as the
control-volume form.
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dy X (2.1)

=Rpie +Rsors

where Vs is the fractional volume open to flow, p is the fluid density, Rpir is the

turbulent diffusion term, Rsor is the mass source term, R is the reference frame
indicator, and & is the geometry reference frame type indicator (R # &). The velocity
components (u, v, w) are in the coordinate directions (r, Rsor, Z). Ax, Ay, and A; are
the area fractions for flow in the directions corresponding to the grid axis. In the
cylindrical coordinate system, the y derivatives must be transformed into azimuthal
derivatives. The conversion equation is given as follows:

4.,1d (22)

dy rdé

2.2.2. Fluid modeling

Momentum conservation is a fundamental law of physics that states that the
momentum of a system is constant when there are no external forces acting on the
system. It is embodied in the first law of Newton (the law of inertia). The momentum
itself is defined as an object’s mass multiplied by the object’s velocity; the momentum
is neither created nor destroyed, but only changed by the action of forces as described
by the laws of motion. Momentum conservation is the trickiest to calculate compared
to mass and energy because momentum is a number of vectors involving both
magnitude and direction. Momentum is maintained simultaneously in all the three
physical directions. Calculations are even trickier for gaseous domains because forces
in one direction can affect the momentum in another direction due to collisions among
molecules.

The equations of motion for the fluid velocity components (u, v, w) in the three
coordinate directions are given by the Navier-Stokes equations with additional terms
capable of handling the specific problem represented in Eg. (2.3). Hence, the velocity

magnitude can be derived by the relation U = v/u? +v? +w? . In this study, the velocity
is measured in SI units [80].
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Here, (Gx, Gy, G;) are the body accelerations, (fy, fy, f;) are the vicious accelerations,
(bx, by, b;) are the introduced masses at the source represented by geometric
components, (Uw, Vw, Wyw) represents the velocity of the source component, and (us, Vs,
ws) is the velocity component of the fluid at the surface of the source relative to the
source itself. The derivation of this source term is given by:
u, =99 2.4)
pQdA

where dQ is the mass flow rate, po is the fluid source density, dA is the area of the
source surface in the cell, and n is the outward normal to the surface. In this case, n =
0.0 because the flow is a stagnant pressure type. This means that the source term which
introduces fluid into the domain has a zero-velocity magnitude at the interface of the
propellant surface. As a result, pressure must build up at the source so that to move
the fluid away from the source. This helps to model the emerging fluid from the
propellant grain and to mimic the grain burning process when the emerging fluid
creates momentum inside the source component.

2.2.3. Energy transfer

Energy conservation is a fundamental concept of physics along with mass
conservation and momentum conservation. In physics, the energy conservation law
states that an isolated system’s total energy remains fixed within the domain, it is also
believed that it will be preserved over time. This law means that energy cannot be
created or destroyed but can only be transformed or transferred from one form to
another (potential energy can be converted into kinetic energy). For example, when a
propellant grain starts to combust, chemical (thermal) energy is converted to Kinetic
energy. If one adds all the energy forms released in the combustion, specifically,
kinetic energy, as well as the heat and other energy-related factors, one gets the exact
decrease in the propellant’s combustion of chemical energy.

Fluid energy equations Eq. (2.5) are required to calculate the heat transfer of the
fluid. The fluid temperature affects the fluid flow properties during the transition from
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the combustion chamber through the throat of the nozzle before escaping the choked

flow into the diverging part of the nozzle when leaving the domain.
d plUA,

d d
Ve a(ﬁ')+&(plu/&)+R@(plvAy)+§ .

—p{duA‘ +R VA +dWAZ +§%}+ Rlpe + (2.5)

dx dy dz
TDIF +RI SOR !

Here, | is the macroscopic mixture of internal energy where the subscripts DIF and
SOR refer to the diffusion and source terms, respectively. As the model employs a
two-fluid problem, pl is given by Eq. (2.6)
pl=Fpl +(1-F) p,l,. (2.6)
The heat conduction diffusion process is introduced in Eq. (2.7).

d dT d dT
T, =—[ka L4 RS ka R
pIF dx[kA‘ dx]+ dy( A dijr

dz dz X

Here, k is thermal conductivity. For this model, each fluid is locally weighted by the
fluid volume fraction, F.

(2.7)

2.2.4. Interface modeling

According to the equations described above, one key feature has to be
introduced for us to be able to simulate the evolution of the burning surface of the
propellant grain. The main problem of the CFD models is that the majority of fluid
flow problems are simulated by using static mesh methods. Such models offer the
opportunity to solve steady-state or transient fluid flow problems around obstacles or
cavities, which allows for the researcher to understand the problem in a greater detail
only for specific cases when the solid domain is immobilized. Such simulations are
widely used in the aerospace industry for the external flow simulations around
aerofoils or vehicle shells. In another case, most of the real-world problems are based
on dynamic behavior when the same aerofoils change, for example, the angle of
attack. For such problems, dynamic mesh or moving reference frame methods can be
introduced into simulation. Having said that, there are still limitations if one needs to
solve more complex simulations which require complex solid domain movements or
even a change of shape. For this type of research, the simulation must involve the
ability to track the mesh changes at the cell level and apply fluid-structure interaction
to the computational domain. By default, such a type of simulations is
computationally expensive and hard to set up. One of the key factors to allow this kind
of simulation is the introduction of the interface region between the solid and fluid
domains where the numerical code could enable us to recalculate the changes of the
solid domain. To model the burning surface of the solid propellant, the fluid interface
in the computational cell between the fluid and solid domains must be introduced.
Such phenomena can be defined in terms of the volume of the fluid function, F (x, v,
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z, t) [81]. This function represents the volume of fluid per unit volume and is given
by Eqg. (2.8). This interface moves during the simulation, and its parameters are
derived by Eq. (2.7).

d d
1 &(FAXU)+Rd—y(FAyV)+ -
E"'V_ d FA U =Foir + Foors ( : )
F d—(FAZw)+§
zZ X

where

i(VFAKd—F]+R1 vFAde—F +

o 1 |dx dx dy dy

DIF —\, .
V, F
F d(VFAZdFj"‘CfVFA(

dz\ " dz X

(2.9)

Here, the diffusion coefficient is defined as vp = Sk , Where cr is a constant whose
Y2,

reciprocal is sometimes referred to as the turbulent Schmidt number, and Fsor is the

density source (corresponding to Rsor in Eq. (2.1)). For a compressible two-fluid

simulation, F represents the volume fraction of fluid, and the density is calculated

from the compressible fluid equation-of-state.

2.2.5. Numerical schemes

Second-order schemes were used for the approximation of the model equations.
First-order schemes were used only to check the model’s integrity and stability for the
initial stages of the research. Final simulations were conducted by using only second-
order, monotonicity-preserving upwind-difference method-based schemes. These
schemes require greater computational resources but are far more precise in
comparison to the first-order schemes because an additional derivative is being
solved. The monotonicity-preserving method was applied to the approximate
momentum, density, energy, and fluid fraction advection. The used discretization
scheme is derived by using second-order polynomial approximations to the advected
quantity in each of the coordinate directions [82]. In Eq. (2.10), one can see how
variable Q advected in the x-direction, the value fluxed through the cell-face Q" is
computed.

Q" =Q +%A(1—C)5xi, (2.10)

Where: Qi — cell-centered value, C — Courant number, x; — cell size, A — second-order
approximation to the first derivative of Q at the location which Eq. (2.11) describes
within the cell.

X, = %(1—2C)5xi . (2.11)
Coefficient A can be calculated from two neighboring first derivatives by linear
interpolation provided that these derivatives are second-order accurate. The latter can
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be achieved by computing the derivatives at the midpoint between the Qi locations as
described in Eq. (2.12) below.

Q 29 (2.12)
dx 0% +0X%
"2
This equation is a second-order accurate first derivative for Q at the point between Q;
and Qi:1. In order to ensure monotonicity, it is necessary to restrict the value of
derivative A [83]. The value of A is not allowed to exceed twice the minimum

magnitude of the centered Q derivatives used in its computation by Eq. (2.13).
A< 2["_‘9 dQ ] (2.13)

dXi , dXi+1

For momentum advection, second-order approximation allows achieving stable
convergence even for an unstable, swirling flow. The introduction of the same second-
order schemes to density and heat transfer equations allows avoiding first-order
schemes problems, such as numerical diffusion.

2.2.6. Combustion modeling

Combustion simulations are the most computationally expensive problems in
CFD. Since combustion is such a rapid process, chemical reactions occur on the scale
of nanoseconds [84]. This means that, for the transient simulation, the time step size
has to be small enough, which in total can add up to millions of time steps for the
relatively short physical time of the simulating process.

The simulation was executed without the coupling of the direct chemical
kinetics modeling. All of the required values for the material properties and
coefficients were obtained from a separate investigation. The combustion rate and
energy production equations are given by Egs. (2.14, 2.15), respectively [85].

Qv = Puiia (apb) (2.14)
Here, Qw is the combustion gas mass flow rate in kg/s at the gas/propellant boundary,
psolid 1S the density of the propellant in kg/m3, P is the pressure of the gas at the
solid/gas interface, a is the burning coefficient (an empirical parameter), and b is the
burning exponent (an empirical parameter).

QE =QM CPTburn (215)
Here, Qe is the energy produced by the reaction in Joules, Qw is the combustion flow
rate in m/s, Cp is the specific heat of the gas at constant pressure, and Toum iS the
propellant burning temperature obtained from the chemical kinetics calculations.
When using this model, some limitations must be introduced:

1. No additional source terms are introduced into the momentum equations
because combustion is assumed to be of the stagnation type.

2. Combustion gas density is calculated from the ideal gas equation.

3. Direct turbulence effects on the burn rate are ignored.

4. Stress and deformation calculations for the propellant grain are ignored.
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The model combustion component is described by a stationary component but
changes shape and volume according to the evolution of time. These changes are
constrained by the initial conditions of the combustion component properties and the
initial shape of the propellant grain. The combustion component area and volume
fractions are computed at the single-cell level for every time step during the
simulations until the combustion component has been depleted in the computational
domain. The primary variable that represents the geometry component is the relative
(fractional) volume of the solid in a cell, which is the ratio of the solid volume in the
cell to the total cell volume. This relationship is described by Eq. (2.16) [86].

<1. (2.16)

— Vcombust o<V

cell

\

f ,combust f ,combust

The open volume fraction in a cell, or the volume fraction, can then be described
in the form of Eq. (2.17).
Vf =1_Vf,combust . (217)

The equation for the change in the solid propellant content in the computational
cell can be written in the form of Eq. (2.18), where the open area of the burning surface
of the solid propellant of the cell is dA.

dV combpust A
oo QuiA (2.18)
dt Psotia Veel
Fig. 2.2.1 illustrates the interface region used in computation for the
combustible element, where the control volume is the computational domain mesh

element (cell), fractional parts of the solid propellant (Vsqig) and fluid domain fraction
(gas).

Lo o o
S
-J

Fig. 2.2.1. Schematics of the interface region in the numerical model [92]

This model provides the amount of propellant burned in each time step, and is
described by Eq. (2.19).

dM dA
M_q, 2. 2.19
el (2.19)
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The energy produced by the combustion process is distributed over the gas
volume at the burning surface interface. After introducing the processes described
above, the diffusion and convection processes are calculated, and the mass transport
equation is solved for the gas produced by the reaction. This equation can be described
by the mass source relation for the combustion chamber pressure:

dm

Rl (2.20)

2.3. Construction of an internal ballistics model of a rocket motor

The main objectives of the model were the ability to successfully implement
calculation of the pressure, temperature, and velocity field values of the fluid flow
with regard to the hexahedral mesh which was used in the simulation for the RM-12K
rocket motor which is employed in the RT-400 aerial target system.

The model for the study has to abide by the following constraints and
assumptions:

1. The material properties for the initial fluid (air) have to be implemented.

2. The material properties for the propellant have to be implemented.

3. The material properties for the propellant combustion products have to be
implemented.

4. All the required numerical models for the fluid flow calculations have to be
implemented.

5. The numerical models for interface tracking and dynamic mesh calculations
have to be implemented.

6. The mesh in the cylindrical reference frame capable of efficiently capturing
geometry features of the rocket motor have to be generated.

7. The mass flow objects with specific boundary conditions for the ignition
implementation of the grain have to be created.

8. The boundary conditions for the computational domain have to be constrained
so that the flow would be physical.

9. Physical initial conditions for the simulation have to be applied.

10. The required numerical schemes for gradients, divergence, discretization, and
other factors have to be applied according to the required stability and
diffusion parameters of the used models.

11. The adaptive time-stepping allowing to save computational time with regard
to varying simulation phases have to be implemented

12. The sensor (probing) points and sampling surfaces in the areas of interest have
to be created to track the specific parameters during the combustion process.

13. A strategy for the recording of the results has to be applied.

14. The simulation criteria with regard to the residual threshold values have to be
constrained.

15. The simulation with regard to the physical time duration has to be constrained.
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Fig. 2.3.1. Visual representation of the numerical algorithm

In order to set up a specific simulation with a dynamically changing mesh, some
trade-offs had to be made, mainly because of the fact that the mesh has to be with
interface tracking (Fig. 2.3.2) coupled with propellant grain combustion rate
calculations, and, on top of that, it has to be sufficient enough with regard to the
numerical stability and computational time. The first part of the modeling is dedicated
to the propellant grain setup. The properties and composition of the motor had to be
tailored and fine-tuned in order to achieve the desired motor characteristics.

A commercial code Flow 3D was used in order to create the aforementioned
model. The model calculations were primarily based on the VVolume of the fluid (\VoF)
numerical method, and the mesh calculations were based on Fractional Area Volume
Obstacle Representation (F.A.V.0.R.) which was instrumental in calculating the solid
state propellant and other combustion products’ interactions with each other within
the mesh. In the diagram above, we can observe a visual representation of the
algorithm which is used within the commercial code to perform the calculations (Fig.
2.3.1).
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Fig. 2.3.2. Evolution of the propellant grain due to interface tracking [87]

The RM-12K rocket motor uses a solid rocket propellant with a specific grain
geometry which controls its combustion properties. One of the most prominent
challenges while constraining a mesh for the propellant grain is to effectively capture
the geometrical features of certain, more sophisticated parts of the said grain as the
flow in those areas is more intense and requires extra attention. Having said that, it is
relatively straightforward to solve this problem by increasing the mesh cell count, but
such a strategy directly positively influences the time required for the computation to
such an extent that, in some cases, it can take years for the simulation to complete.
The best detail-to-simulation duration ratio was achieved by using the trial-and-error
method. The resulting mesh was sophisticated enough to be able to represent a star
grain neutral type thrust profile without introducing an unacceptable amount of errors.

The motor grain geometry was selected to be the neutral star type with an
ammonium nitrate composite-based propellant (ANCP) forming the grain. This helps
to sustain relatively the same level of thrust (the neutral thrust profile) during the
steady-state of the combustion process. Moreover, the propellant was designed
specifically for this motor by using the six main components. These components were
divided into 3 groups: 1 — oxidizer, 2 — fuel, 3 — binder. For the oxidizer group,
Ammonium Nitrate (AN) was used in the composition of the propellant which is a
chemically stable component. It would not self-ignite and is safe to store in small or
big batches. One element was used for the fuel group; it was aluminum. Aluminum
itself was used in the form of a powder which was ball-milled to particles of 80
micrometers on average. Furthermore, four elements were used for the binder. The
main portion of the binder consisted of silicone. It is worth mentioning that silicone
can be divided into its composition, but, for the simulation, we can use the chemical
composition provided from the datasheet of the manufacturer. In addition to silicone,
three other components at small fractions were added into the mixture. The main
purpose of these components is to act as stabilizers or enchanters of the specific
properties of the propellant. Carbon acts as a temperature enhancer during the
combustion. It helps to sustain the desired combustion temperature and enable a
smooth combustion process while minimizing the oscillations of the combustion
reaction. Iron oxide acts as a stabilizer as well, but also as a catalyst with regard to the
burn rate and chemical reactions. Ammonium perchlorate acts similarly to ammonium
nitrate, but its energetic properties are higher than AN. The main feature of this
component in the mixture is to sustain and/or boost small fractions of the propellant
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where the mixture is slightly off the homogenous composition. The chemical
composition and other physical properties of the propellant are shown in Table 2.1.

Table 2.1. Molecular composition and physical properties of the propellant
components

Material Weight, g | Density, g/cm® | Composition
Ammonium Nitrate 55 0.06230 4H-2N-30
Potassium Perchlorate | 8 0.09100 1K-1CI-O4
Aluminum 14 0.9760 1Al

Carbon 2 0.06370 1C

Silicone 20 0.03610 6H-2C-10-Si
Iron Oxide 1 0.184 30-2Fe

By combining all of the ingredients required for the ANCP propellant, it was
found that the density of the propellant was 1623.4 kg/m®. In order to obtain the
chemical kinetic properties for the propellant, a separate analytical study was
performed by using 100 g of the propellant. To obtain the required results, we need to
dismantle the ingredients described above to the atom level. The composite propellant
consists of a number of gram atoms of each element presented in the ingredients (in
the ascending order): 1 —0.012523 Fe, 2 -0.057738 Cl, 3-0.057738 K, 4 — 0.269687
Si, 5—0.518903 Al, 6 —0.705888 C, 7 — 1.374175 N, 8 — 2.580678 O, 9 — 4.366474
H.

Having said that, the chemical kinetics study revealed the results for the 2 areas
of interest. The crucial one is based on the combustion chamber, whereas the second
one is based on the nozzle level. One of the main parameters needed for the simulation
to be implemented was the combustion temperature which, in this case, was 2322 K,
and the y value was 1.19. We must note that the gamma value in the numerical code
was described as specific heat capacity when the volume is constant and as specific
heat capacity when the pressure is constant. The chemical kinetics properties are
shown in Table 2.2.

Table 2.2. Chamber results and exhaust results of the chemical kinetic model
T,K | P, bar | Enthalpy,J | Entropy, JJK | Co/Cv (y) | RT, J/(kg-K)
Chamber results | 2322 | 62.03 | -103.52 224 1.16 3.66
Exhaust results | 1526 | 0.962 | -167.02 224 1.19 3.63

Here, T is the temperature in Kelvins, P is the pressure in bars (1 bar = 100000
Pa), Cr/Cy is the specific heat ratio (y), and RT is the specific gas constant. From the
simulation, the molecular weight of the mixture was 23.896 mol/g, and the gas specific
heat was 2102 J/kg/K. The performance calculations showed that the specific impulse
of the designed ANCP propellant was 235 s.

The Propellant Evaluation Program (PEP) software was used to obtain the
chemical kinetics data. The software itself was developed for designing and analyzing
the composition and performance of propellants [88]. To avoid numerical
complexities, the igniter and ignition period was excluded here. The ignition process
was simulated with constant conditions for the temperature and density of the jet gas
escaping from five jets, which mimicked the igniter jet holes. The design process of
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the RM-12K involved custom tailoring of the properties and composition of the
propellant grain and its shape. The motor model was designed by using CAD software
and exported as stereographic (STL) format models for future pre-processing.

2.3.1. Justification of modeling parameter values and determination of
computer resource requirements

The following assumptions and constraints are used for the numerical method-
based computer simulation. The simulation was executed by using an 8-core
workstation-grade machine with an Intel i7-6700K class processor with an 8 MB
cache and a 4.2GHz clock speed, 48 GB of RAM memory, and 2 TB of the storage
space. All other workstation components, such as 1/0 ports or GPU properties, were
irrelevant for this type of study and shall not be discussed further in this thesis. The
simulation type was set to transient, and the physical end time was set to 5 seconds.
This was performed with an additional adaptive time step term. This approach allowed
the capturing of the entire combustion process until the propellant had been
completely depleted. Moreover, a coarsened time step was chosen to expedite the
simulation because of the time required to calculate the changing computational
domain interface which limits the simulation progress. On top of that, the initial time
step was set to 245 ns. This value was chosen from the results of the previous
simulations, which was the most time-saving time step in order to provide stable
convergence and the time savings of the initial phase of the simulation. Furthermore,
the minimum and maximum time step sizes were set to 1 ns and 0.1 s, respectively.
The maximum time step was chosen to capture the final moments of the simulation
when the combustion process was already over. The time adaptation was tracked with
regard of time continuity. The total computation time for one simulation, comprising
170 million iterations, was approximately 2571000 s.

In conclusion, the assumptions and constraints of the simulation were designed
to optimize the time taken to complete the simulation while maintaining an acceptable
result accuracy. As a result, the simulation required 715 h of computing time on
average when using an 8-core machine. Even though, from the first glance, it seems
that finishing the simulation takes an enormous amount of time, it is still a relevant
option because we can save a decent amount of labor and time in terms of obtaining
the same results when applying the experimental approach which can take 3 months
or more during the standard schedule while maintaining all the safety procedures for
the RM-12K solid-propellant rocket motor test agenda.

2.3.2. Geometry and mesh of the model

The imported geometry and computational mesh setup had the following
properties. The model was cylindrical and axisymmetric; it was meshed with
structured hexahedral cells in a cylindrical reference frame. Moreover, the
computational domain height and diameter were 1.12 m and 0.2 m, respectively, with
a computational cell count of 162000. As described in the previous section, such a cell
count of the mesh was obtained when applying the trial-and-error approach in an effort
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to obtain the minimum possible number of computational cells without losing the
main geometrical features of the propellant grain. For post-processing purposes, two
cutting planes were used to represent the simulation results. The first cut was made
across the center axis of the motor thus providing representation and visualization of
the combustion process inside the rocket motor. A second cut was made
perpendicularly to the first cut in order to extract the cross-sectional view of the rocket
motor. Both cutting plane locations are illustrated in Fig. 2.3.14. Furthermore, two
probes were created and strategically positioned to allow the simulation to capture and
record the specific data values. One probe point was constrained to the same position
as the pressure probe in the real-life experiment that had been completed prior to the
simulation. This probe was labeled Probe 1 and placed near the head section of the
rocket motor. A second probe was placed at the very end of the exit of the nozzle and
was labeled Probe 2. The setup was designed to effectively capture and monitor the
simulation data for the purpose of comparison with the results obtained by previously
performed static tests. One must note that, during static testing, the measurement
hardware used in these tests was unable to perform the data acquisition at the nozzle
section because combustion products leaving the nozzle would have incinerated the
probe almost instantly.

2.3.3. Boundary and initial conditions

The initial conditions for the simulation were constrained to the fluid domain
with 300 K initial air temperature inside the combustion chamber and 1.01 bar
(101325 Pa) uniform atmospheric pressure. Such a configuration was chosen to mimic
the initial conditions as they were during the static testing of the experimental rocket
motor. We must note that static testing was conducted in the summertime, in July, on
a sunny and hot day, when the ambient air temperature was around 298 K — 300 K.
Moreover, the mass momentum source element was created to represent the propellant
igniter. This artificial source had to mimic the real ignition process, and, therefore, the
same combustion gas properties were used as those of the actual propellant. One must
note that the chemical composition of the igniter for the real rocket motor was
different from the chemical composition of the propellant grain. As a result, the gas
composition of the combustion products was different, but, in order to minimize the
computational duration, the same material was used for simulation purposes. What is
more, the change of material was made due to the relatively insignificant role of the
igniter with regard to the entire combustion process; therefore, such a simplification
is unlikely to distort the results of the simulation. Furthermore, the temperature, the
flow rate, and the gas density were 1200 K, 0.02 kg/s, and 10 kg/m?, respectively. The
igniter/mass source surface diameter was 0.01 m. There were five surfaces in total.
One of the mass sources was placed perpendicularly to the domain axis, whereas the
other four were positioned in a cylindrical pattern around the domain axis, being
equally spaced at 45° angles. Finally, the igniter was placed near Probe 1 location with
0.4 s ignition time. The initial conditions were chosen to accurately represent the
experimental environment. In the image below (Fig. 2.3.3), we can see the igniter’s
components before the assembly.
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Fig. 2.3.3. Image of the igniter

The boundary conditions are extremely significant with regard to obtaining the
desired simulation results. The boundary conditions for the cylindrical domain were
constrained with the same symmetry for all the boundaries except for the periodic
boundaries in contact with each other, which is necessary for cylindrical meshes when
the full domain is simulated. Furthermore, in order to achieve stable convergence, the
boundary at the end of the nozzle was constrained as a pressure outlet. We must note
that the interface region for the fluid and solid acts as the dynamic boundary condition.
To conclude, this relatively simple set of boundary conditions is all that is required to
obtain the physical results.

2.3.4. Assumptions with regard to a specific numerical code
Some key assumptions had to be considered for the specific numerical code.
The discussion below describes these assumptions and the reasoning behind them.
Two computational domains, solid and fluid, were constrained with different
additional properties for different geometric parts which were as follows:

Table 2.3. Properties of the parts used in the simulation

Part Type Properties Description
Head Solid Steel 304, Rigid, bonded with casing 1
. . Aluminum 7075-T6, rigid, bonded with head, tail,
Casing Solid 2
nozzle
Tail Solid Steel 304, rigid. Bonded with nozzle and casing 3
Nozzle Solid Graphite, tanso, bonded with tail and casing 4
Propellant | Combustible | ANCP, in contact with the head, casing, nozzle 5

Contacts between parts were constrained as bonded to simplify the simulation
because the study was based on an internal ballistics research, and the contact study
can be done after this study by implementing the acquired pressure values to the
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combustion chamber. As described in Table 2.3 above, the description column is
numbered according to the list as follows:

1. The head part was imported as simplified geometry; it was used for the
production of the real part. It was done to simplify the model and minimize
the geometry features which could increase the cell count dramatically. The
igniter geometric feature was excluded as well because this feature was
implemented from the numerical code properties as a virtual component. In
the picture below, we can see the head part prepared for numerical analysis
after simplification and the head part as it should be made for the production
of the real rocket motor for static testing (Figs. 2.3.4 and 2.3.5).

Head part Igniter
nozzle
(extended) surfaces

Fig. 2.3.4. Simplified head part for analysis. Refer to Fig. 2.3.14 item 1

Thread
laniter
Igniter
Head nozzles

40
\

aple of the head part. Refer fo Fig. 3.2item7

Fig. 2.3.5. Production

2. The casing part was modified for the simulation in order to minimize the cell
count in the domain. The thickness of the casing was expanded in order to
allow the use of bigger mesh cells. This was done because the casing had to
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create the boundary for the propellant only, and in all other phases of the
simulation it was excluded and acted only as a placeholder for the propellant
grain. In the pictures below, one can see the production part of the casing and
its simplified version for the simulation (Figs. 2.3.6 and 2.3.7).

Igniter
surfaces

Extended outer
shell of the casing

Probe 1
point

Probe 2
point

Fig. 2.3.6. Simplified casing part for analysis. Refer to Fig. 2.3.14 item 2

N R ey ' | cod | | Thead | 4

extrusion
casing

Fig. 2.3.7. Casing part for production. Refer to Fig. 3.2 item 6

3. The tail part (sometimes referred to as the skirt) was originally designed to
couple the casing of the rocket motor and to hold the nozzle together. The
simplified version of the tail was made where the interfering faces between
the casing and the skirt were bonded to form rigid assembly for the simulation.
In the pictures below, we can see the tail part model prepared for production
as well as the simplified version which was used in the simulation (Figs. 2.3.8
and 2.3.9).
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Tail N Igniter
geometry surfaces

Fig. 2.3.8. Simplified tail part used in simulation. Refer to Fig. 2.3.14 item 3

Lip

Adjustment
and
calibration
hole

Fig. 2.3.9. Tail part geometry made for production. Refer to Fig. 3.2 item 6

4. The nozzle, one of the main objects in the simulation with regard to obtaining
the desired simulation results, was the same as it was in the production
blueprints. This was done in order to eliminate every possible deviation from
the real rocket motor due to possible future problems when the comparison
and evaluation of the model will be needed. In the picture below, we can see
the original part of the nozzle which was manufactured for the production as
well as the part which was used in the simulation (Figs. 2.3.10 and 2.3.11).
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Fig. 2.3.10. Nozzle part which was used in simulation. Refer to Fig. 3.2.14
item 3
e '
Graphite Groves for
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Thread for
- h the rin
F< I, o g
Fig. 2.3.11. Nozzle part which was made for production. Refer to Fig. 3.2 item
3

5. The ANCP propellant part as the star type grain geometry was imported as
identical geometry as it was used in the real rocket motor. With regard to
simulation, there was almost no simplification in order to ensure the same
thrust curve profile as it was acquired from the static testing. In the pictures
below, we can see the produced propellant grain which was used in the rocket
motor as well as the geometry used in the simulation (Figs. 2.3.12 and 2.3.13).



Igniter
sufraces

Star type
propellant
grain

Probe 1
point

Probe 2
point

Fig. 2.3.12. Geometry representation of the propellant grain which was used in
the study. Refer to Fig. 3.2.14 item 4

Star type propellant grain
with inhibitor wrapping

Fig. 2.3.13. Produced propellant grain. Refer to Fig. 3.2 item 4

After describing all the solid bodies which will be used in the simulation, the
fluid itself has to be constrained. From the numerical code perspective, most of the
setup was described in the previous sections. On top of that, it is worth noting that,
when the propellant grain is constrained as a special type component in the numerical
code, one additional setup has to be completed in order to allow the combustible object
to work. In the previous section which was dedicated to the combustion process for
the numeric solution, two specific constants were introduced. They are named ‘a’ and
‘b’ and are the combustion coefficient and the combustion rate exponent, respectively.
These two constants constitute everything that is needed to describe the combustion
process and grain evolution from the numerical code setup perspective.
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After some trial and error tinkering and comparison with the small portions of
the process from the static test data, we can finally conclude the final values of these
parameters. All of the properties for the fluid and solid domains required for the
simulation are described in Table 2.4.

Table 2.4. The main properties of the fluid and solid domains, as well as those
of the introduced combustion gas as a mass source for the simulation

Fluid Density p, | Individual gas Specific heat Cy, Igﬁtrjﬂglivity K
3 ’
kg/m const. Rt, J/kg/K J/kg/K WIm/K
g;smbus“"” 1.446 347.943 2102 0.1
Solid Density p, | Combustion Combustion threshold | Empirical
kg/m? temperature T¢, K temperature T, K coefficients a, b
Propellant 1623 2322 1000 0.039, 0.27

Gravity was also introduced in the model. A graphic representation of the model
in the Flow-3D graphical user interface is shown in Fig. 2.3.14. The gravity vector
was parallel to the Cut plane #1 and was facing towards the bottom (from the Fig.
2.3.14 perspective). This indicates that static firing testing was executed when having
the motor in the same position as described below.

Probe#l /_ Case Propellant grair{ | Probes2
2
siases 55 Sai 4 | 4
\_ _/ 3
Cap Cut Plane #2 Cut Plane #1 Nozzle

Fig. 2.3.14. Schematic model

In conclusion, it is noteworthy that different assumptions may be required if the
results are replicated when using a different numerical code.

2.4 Summary

To conclude this chapter, we can summarize the following main points:
1. The model was described with regard to this mathematical term
2. The model itself was described and constructed in the specific numerical code
3. The geometry and mesh data were replicated the same as in a real rocket
motor for the most crucial elements of the system.
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3. METHODOLOGY AND RESULTS OF EXPERIMENTAL APPROACH
OF SOLID PROPELLANT ROCKET MOTOR INTERNAL BALLISTIC
CHARACTERISTICS

3.1. RM-12K rocket motor design

The RT-400 rocket uses a solid propellant RM-12K motor with the star-shaped
grain that provides the motor with the neutral thrust profile, which means that, during
the combustion, the average thrust produced by the motor is relatively stable
throughout the Steady-state phase. The motor was designed and developed
specifically for the RT-400 rocket. The table below contains the core motor
characteristics.

Table 3.1. RM-12K solid-propellant rocket motor characteristics
Designed thrust, N | 12000
Maximum thrust, N | 13000
Average thrust, N 10000

Burn time, s 35
Propellant mass, kg | 18
Motor mass, kg 335
Impulse, N-s 33000

Specific impulse, s | 187 (230)

Motor development is divided into 3 phases. The first phase consists of creating
the mixture for the propellant, whereas the second phase involves forming the actual
grain out of the propellant, and, finally, during the third phase, the propellant grain is
bonded with the rest of the motor. The motor itself is comprised of the external casing,
the thermal-isolation material, the specialized sealing elements, the electronic
components, the igniter and other, smaller components.

The materials used in the propellant are chemically stable and not toxic. The
combustion of the propellant is based on the chemical reaction of two main
components — the fuel and the oxidizer. In this case, the fuel is aluminum powder, and
the oxidizer is ammonium nitrate. Both components are widely used in the industry
for manufacturing and agriculture. For instance, aluminum powder is used in the paint
industry, whereas ammonium nitrate is commonly used as a fertilizer in agriculture.

Furthermore, the powdery propellant mixture is combined with various
polymers, and the resulting substance is then formed with specialized, purpose-built
machinery (Fig. 3.1) which gets it pressed with 10 tons of force. The substantial
pressure force is required to eliminate any and all imperfections in the powdery
mixture as a failure to do that may cause the motor to explode during combustion due
to the developed micro cavities. The risk of explosion arises due to an increase in the
surface area as a direct result of the propellant grain imperfections which, in turn, can
increase the chamber pressure to the point at which the containment shell may
disintegrate under the forces acting from inside the motor. A couple of tests were
conducted specifically to determine the relationship between the propellant grain
integrity and the safety of the motor. The results showed that the compromised
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propellant integrity is directly correlated with the reduction in the motor’s safety and
an increase in the risk of explosion.

Press
. cap
Alignment
ring
Star mold
Boundary casing
for the propellant
Stacking grain
rings
Foundation Mandrel
rings fixing points

Fig. 3.1. Technological equipment for the production of the rocket motor
propellant grain

The motor grain is formed by specialized machinery and powered by a hydraulic
press which iteratively forms the propellant grain monolith. Additionally, the
machinery does more than the aforementioned forming of the grain as it also sands
the grain and controls the geometrical shape that is required per design parameters.
The geometrical control, although important, would be impossible without the said
machinery because the star-shaped grain geometry is not completely perpendicular to
the plane that holds it; in fact, the shape has a specific gradient of 0.71°. The gradient
is required to aid the ignition process when the falling igniter combustion products
through the inside of the grain need to have as many contact points with the grain as
possible.

The final product of the motor formation process is completely polymerized
propellant grain which is then taken out from the mold to be dried, weighed, and
measured. Finally, the walls of the propellant grain are inspected once again to make
sure there are no mechanical imperfections.

The motor is assembled first by inserting the propellant grain into the motor
case. Insulation materials, O-rings and gaskets are added below. We insert the nozzle
and the screw cap [89]. The initiation charge is also installed. Everything is sealed and
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prepared for the installation in a rocket. The illustration below shows the motor
components (Figure 3.2) where 1 —igniter, 2 — pressure cap, 3 —nozzle, 4 — propellant
grain, 5 — O-rings, 6 — mounting rings, 7 — motor head.

Fig. 3.2. 3D composition of the rocket motor

Another important milestone is with regard to motor testing. To produce a
reliable and accurate system of the declared parameters, it is necessary to test the
motor on the test stand.

In the aerospace industry as well as the automotive industry, the motor used and
the knowledge about it allows to further design the desired system of parameters and
to identify the possible engine deficiencies or inaccuracies at an early stage of the
product development as well as to compare the theoretical design data with the
experimental design.

3.2. The static test stand for the solid rocket motor

The most accurate and optimal testing method is the vertical test method when
the motor is tested in the same position as the complete system. Unfortunately, the
design of the stand is structurally complicated, and there is a problem in eliminating
possible additional defects due to the structural deformation and, of course, the stand
itself becomes less rigid and, as a rule, non-mobile (without the possibility of being
transported to a safe storage location). Therefore, a horizontal type test stand was
selected. This was done in order to achieve the best cost-effectiveness and precision
properties. It should be noted that the simplest version of the test stand is the same
vertical type in the opposite direction only, but this has been discarded due to the
increased probability of clogging the nozzle throat due to solid particles build-up from
the combustion products which may cause the motor to explode. The illustration
below shows a test stand for rocket motors. Its design image is depicted as 1, the
manufactured product is shown as 2, and the test-motor-mounted and fully equipped
system is number 3 (Fig. 3.3).
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Fig. 3.3. Structure of the rocket motor test stand

One of the key features of the aforementioned design was the ability to minimize
the friction between the test stand and the rocket motor. This was critical due to the
requirements for the precision of the thrust measurements because the rocket motor
placement was horizontal. This was solved by introducing ball bearings at 4 points
thus forming the cross formation. Having said that, another mandatory feature of the
test stand was the ability to fine-tune the center alignment with the thrust sensor. This
is highly critical as well because the direct measurement of the thrust can develop an
error when slight misalignment is introduced. This was achieved by having 4 contact
points between the rocket motor and the ball bearings. The aforementioned contact
points had the ability to be fine-tuned by using a threaded rod which was individually
adjustable. The final feature of the test stand was designed for the versatility of the
stand. This was done to allow the ability to use the stand for various types of motors.
The head section of the stand was able to extend and subtract in order to fit the required
motor for testing. For the RM-12K motor test, the stand configuration was set to the
smallest configuration. One of the advantages of such a configuration was the most
stable and centered setup for testing. The testing scheme of the static testing procedure
is presented in the figure below (Fig. 3.4).
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Fig. 3.4. Procedure of static testing

During the experiment, the data acquisition program starts recording as soon as
a command for the initiation device has been sent. A triggered initiation device ejects
the hot gas mass flow into the combustion chamber. The motor grain ignites and starts
to generate thrust. The thrust is generated for about 3.5 seconds and starts to deplete
after the wall of this burning propellant has almost aligned with the wall of the
propellant grain thermal insulation. At this stage, the motor stops generating thrust
rapidly. After burning the residual propellant in the combustion chamber for some
time due to the pressure there, the gas contained therein escapes through the nozzle
until, finally, the combustion chamber pressure equates to the atmospheric pressure.
The illustration below shows the rocket motor that is attached to the test stand during
experimental testing at the moment when the motor generates full thrust (between 0.5
and 3 seconds (Fig. 3.5)).

Fig. 3.5. General view of the steady-state of the motor during the experiment
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The experiment and the data obtained after processing the raw data when using
the MATLAB program resulted in a time-dependent thrust curve profile of the tested
motor (Fig. 3.6) [90]. It was found that the maximum thrust that could be developed
during the test was 13054 Newtons. The average thrust of the motor was found to be
4814 Newtons. This value was obtained by measuring the pressure in the combustion
chamber from the ignition initiation until it equalized to the atmospheric pressure. The
impulse generated by the motor was 32995 Newton Seconds. The specific impulse of
the motor was 186.8 (230, 233) seconds. We must note that, from the different tests
of the motor, different specific impulses were observed. The data presented in the
figure below is from the test when ISP was 230 s. From the additional study, it was
determined that the low specific impulse was caused by the quality of the propellant.
The main reason for this lack of performance was the increased humidity levels during
the casting process of the propellant grain. Thus it has to be noted that the humidity
control during the casting process is crucial if the projected energetic properties of the
propellant need to be achieved.
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Fig. 3.6. Post-processed thrust data of the rocket motor
3.3. Test equipment of the RM-12K rocket motor

For a complete and ready-to-use motor, the thrust, pressure and some other
characteristics, and, for reliability tests, a specific test stand is required. With the help
of a test stand, the existing motor can be tested under static conditions, and one can
check motor’s deformation both, when the motor is performing and when the
propellant has been depleted. The case deformation can occur due to the temperature
and pressure changes, causing the displacement of the materials thus deforming
structural elements of the rocket. Also, a test stand can be used to determine the motor-
generated thrust, the motor-generated pressure, and the temperature in the combustion
chamber, to determine the burning rate of the propellant and to evaluate the various
inaccuracies that were not anticipated during the motor design and production phases.
The testing of rocket motors requires special work safety and careful preparation
because the rapid and uncontrolled combustion process in the case of an accident
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would simply not allow the involved individuals any time to react to the changed
situation due to their relatively slow reaction time [91]. Although it has been
mentioned in the literature review that a solid propellant rocket motor is based on
controlled combustion (its area), however, the propellant combustion itself is
uncontrolled as the elements reacting in the chemical reaction of the combustion
propellant decompose in such a way that the medium itself takes care not to shorten
the oxygen combustion; thus it is virtually impossible to extinguish such a propellant.
Although the test stand has been designed to measure various parameters, only the
measured thrust and pressure will be evaluated in this work. For the thrust
measurement, a special load cell was used based on the strain gauges with heat-
resistant transition. Since the motion of the sensor in relation to the axis is in the order
of tenths of a millimeter, in order to avoid possible measurement errors, it is necessary
to ensure as far as possible the evaluation of the influence of foreign factors on the
measurements as the motor heats up suddenly during its operation thus transferring
heat to the measuring head (if it is metallic). Such an error can later lead to the
development of major errors in the calculation of a possible rocket flight distance or
other external ballistic characteristics [92]. To eliminate a potential problem, the test
stand head was made from the massive metal plate with a high thermal mass. The
illustration below depicts the measurement equipment used to determine the thrust of
the rocket motor and the chamber pressure. Fig. 3.7 Part 1 shows the measurement
sensor and instrumental amplifier circuit with the measurement representation points.
Part 2 shows the used high-power load module (capable of measuring, and a
significantly larger thrust than the 12 kN thrust designed for this motor). Part 3
illustrates the pressure sensor used to assess the specificity of the combustion
chamber. Part 4 shows the full-featured equipment. When knowing the theory of the
nozzle which was outlined in the literature review, it can be understood that, due to
the geometric dimensions of the nozzle and the set pressure in the combustion
chamber, the nozzle can be redesigned to increase or decrease the motor power
because the motor power is then generated. When there is high gas pressure in the
combustion chamber, low velocity passes its pressure through the nozzle neck thereby
increasing the velocity. In this way, when knowing the equation of the nozzle and
having experimental data on the pressure of the combustion chamber, we can evaluate
the errors of the designed system or the rates of wear of the thermal insulation (the
nozzle spread).
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Fig. 3.7. Measurihg equipment used in our research

Therefore, with the fully assembled electronic equipment, it is necessary to have
a structure, to which all the sensors and the motor itself can be attached thus
minimizing the existing friction and the influence of gravity. This is because the thrust
vector is directly measured, but the laws of physics indicate that there is always the
force of gravity whose influence can be minimized by various engineering solutions.

74



4. RESULTS OF THE SIMULATION AND EXPERIMENTAL APPROACH
OF SOLID PROPELLANT ROCKET MOTOR INTERNAL BALLISTIC
CHARACTERISTICS

4.1. Methodology for determining and presenting results

The methodology for capturing and presenting the simulation results was
determined as follows. First, for the graphical representation, the simulation results
were captured for six different time marks: 1 —the initial state att =0s, 2 — 1/5 of the
finished combustion process at time t = 1's, 3 — 2/5 of the initial combustion process
at time t = 2 s, 4 — 3/5 of the combustion process at time t = 3 s, 5 — 4/5 of the
combustion process at time t = 4 s, and 6 — the finished combustion process at time t
= 5. This was performed in order to clearly represent the changing evolution of the
solid propellant grain throughout time. Secondly, the data used to plot the results was
obtained from the probe points and mesh results. Moreover, the data for the burn
distance and the open area of the combusting grain surface and volume was obtained
from the results of the mesh dependent history. Meanwhile, the pressure and
temperature values were extracted from the probes. Additional data was obtained
representing the thrust and the total impulse of the motor. Finally, all of the data was
captured from the very beginning of the simulation, only skipping the igniter
execution time of 0.4 s. Most importantly, the pressure and temperature data was
simultaneously collected at all datapoints during the simulation.

For presenting the data in the nozzle section, the probe line was created across
the center axis of the model. The length of the probe line was 0.24 m, where 0.07 m
was the probing across the combustion chamber, 0.034 m was the probing across the
converging part of the nozzle, 0.006 m was probed across the throat section, and 0.17
m was probed across the diverging part of the section. The time step for nozzle
readings was taken after the end of the initiation device had taken effect (which was
0.4 s) with the addition with some delay. The time marks of the readings for all the
data with regard to the nozzle plots were taken at 0.5 s time marks.

The methodology for capturing the results from the experimental approach was
done according to the DAQ (data acquisition) unit. The data acquisition time step was
0.004 s. The recording of the data was triggered after sending the fire command of the
initiation charge. All the gathered pressure and thrust readings data from different
sensors was parsed and plotted in the graphical form for future analysis and
comparison.

4.2. Rocket motor internal ballistics simulation results

To develop better understanding of the combustion process and motor
performance due to the specific grain, the post-processed data was categorized into 4
different parts. The first part was dedicated to pressure and density. The pressure
readings were shown for the combustion chamber and the nozzle. On top of that, the
pressure and density change was plotted through the axis of the nozzle to see the
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change in pressure and density caused by the choked flow. In the second part, the
temperature results of the fluid were plotted for the combustion chamber and the
nozzle. In addition, the average fluid temperature was plotted for the whole fluid
domain. In the third part, the velocity plot was presented through the nozzle. Velocity
measurements in the combustion chamber are not necessary to obtain because the area
of interest for the velocity effect only evokes interest from the throat through the
diverging section of the nozzle. In the fourth part of the discussion of the results, the
open surface area (the combusting area), the volume, and the burning rate of the
propellant grain are presented. This was done to evaluate the thrust profile neutrality
behavior of the employed star-shaped propellant grain. The correlating pattern of the
open surface versus the thrust profile was desirable to observe. On top of that, the
propellant volume was plotted regarding the desired linear-like regression behavior,
and the burn rate was plotted in order to observe the desirable semi-constant behavior.
In the fifth part, the grain evolution was plotted due to the showcase change in the
propellant grain with respect to the different time step. The development of the sliver
was one of the desired features to observe. It was done because of deeper
understanding of the possible optimization of the future grain design interactions. The
final (sixth) part was dedicated to the thrust representation during the entire
combustion process. This result was subsequently used for the comparison with the
experimental results.

4.2.1. Pressure and density
After post-processing the simulation data, the results were obtained. The probe

sample points for the pressure and temperature are provided in Figs. 4.1, 4.2, 4.3, and
4.4,
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Fig. 4.1. Pressure versus time for Probe 1 point (head)

The pressure probing of the cap section was performed at the same location as
for the experiment. The plotted results of Probe 1 exhibited the standard pressure
curve behavior for the star-shaped propellant grain type. The pressure readings for
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different time marks were: 1 — the initial state att =0, 1.01 MPa (1.01 bar); 2 - 1/5
of the finished combustion process at time t = 1 s, 53.39 MPa (53.39 bar); 3 — 2/5 of
the initial combustion process at time t = 2 s, 43.64 MPa (43.65 bar); 4 — 3/5 of the
combustion process at time t = 3 s, 27.57 MPa (27.57 bar); 5 — 4/5 of the combustion
process at time t = 4 s, 6.57 MPa (6.06 bar); and 6 — the finished combustion process
attimet=5s, 446 Pa (0.0045 bar).
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Fig. 4.2. Pressure versus time for Probe 2 point (nozzle)

For Probe 2 point, the pressure readings exhibited a similar pattern to that of the
cap section, but with lower values, which was caused by the converging-diverging
nozzle. In the experiment, the pressure readings at Probe 2 point were not possible
because of the volatile nature of the combusting propellant, which limited the data
measurement options during the static motor test. The pressure readings of Probe 2
point were: 1 — the initial state at t = 0 s, 91192 Pa (0.91 bar); 2 — 1/5 of the finished
combustion process at time t = 1 s, 1.88 MPa (1.89 bar); 3 — 2/5 of the initial
combustion process at time t = 2 s, 1.54 Pa (1.54 bar); 4 — 3/5 of the combustion
process at time t = 3 s, 97795 Pa (0.98 bar); 5 — 4/5 of the combustion process at time
t=4s, 21330 Pa (0.21 bar); and 6 — the finished combustion process at timet =5,
14.31 Pa (0.00014 bar).

As mentioned in the section on methodology for determining and presenting the
obtained results, the monitoring line through the center axis of the whole nozzle was
probed, and data was plotted below to depict the pressure and density trends (Fig. 4.3
and Fig. 4.4).
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Fig. 4.3. Pressure versus distance for the nozzle

For the pressure plot, the x-axis is in respect for the distance, for which, meters
are employed as the unit of measurement, and, the y-axis outlines the pressure which
is measured in pascals. According to the plot depicted above, the pressure in the
combustion chamber was 56.66 MPa (56.66 bar) on average when the sharp transition
of the decrease of the pressure was observed at the throat where the value was 44.29
MPa (44 bar) and the diverged section of the nozzle where, at the end of the nozzle,
the pressure value was 210618 Pa (2.1 bar). According to analytical calculations, the
throat pressure was 57.3 MPa (57 bar), and the exit pressure equalled 1.01 MPa (1
bar). What regards these results, the error was 28.69% and 52.18%, respectively. In
the table below, we can see the values according to the distance of the described plot.

Table 4.1. Pressure across nozzle section

Probe point No. | Distance, m | Pressure, bar | Comment

1 0 56.66 Combustion chamber
2 0.01 56.66 Combustion chamber
3 0.02 56.56 Combustion chamber
4 0.03 56.48 Combustion chamber
5 0.04 56.38 Combustion chamber
6 0.05 56.21 Combustion chamber
7 0.06 55.82 Combustion chamber
8 0.07 54.83 Combustion chamber
9 0.08 54.85 Converging section
10 0.09 52.16 Converging section
11 0.1 44.29 Throat

12 0.11 32.3 Throat

13 0.12 21.58 Diverging section

14 0.13 13.97 Diverging section

15 0.14 10.26 Diverging section

16 0.15 9.27 Diverging section

17 0.16 6.56 Diverging section

18 0.17 4.95 Diverging section

19 0.18 3.98 Diverging section

20 0.19 3.34 Diverging section
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21 0.2 2.88 Diverging section
22 0.21 2.5 Diverging section
23 0.22 2.21 Diverging section
24 0.23 2.16 Diverging section
25 0.24 2.1 Diverging section

For the density plot, the same methodology of data capturing was used as
outlined above. The x-axis was in respect of the distance in meters, and the y-axis was

in respect of kg/m3. The probed density at the combustion chamber was 6.28 kg/m?®

on average, when the sharp transition of the decrease of the pressure was observed at
the throat where the value was 5.05 kg/m® and the diverged section of the nozzle
where, at the end of the nozzle, the pressure value was 0.35 kg/m?®. The same pattern
with regard to the pressure plot was observed when the fluid was traveling through
the throat and the diverging section of the nozzle, the volume of the combustion
products was expanding, which led to the rapid change in the density.

Macroscopic_Density

Macroscopic_Density _Restart

0.1

Distance

0.2

Fig. 4.4. Pressure changes across the nozzle

Table 4.2. Density across nozzle section

Probe point No. | Distance, m | Density, kg/m® | Comment

1 0 6.28 Combustion chamber
2 0.01 6.27 Combustion chamber
3 0.02 6.27 Combustion chamber
4 0.03 6.26 Combustion chamber
5 0.04 6.25 Combustion chamber
6 0.05 6.23 Combustion chamber
7 0.06 6.22 Combustion chamber
8 0.07 6.19 Combustion chamber
9 0.08 6.1 Converging section
10 0.09 5.83 Converging section
11 0.1 5.05 Throat

12 0.11 3.82 Throat

13 0.12 2.68 Diverging section

14 0.13 1.82 Diverging section
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15 0.14 1.57 Diverging section
16 0.15 1.27 Diverging section
17 0.16 0.94 Diverging section
18 0.17 0.73 Diverging section
19 0.18 0.6 Diverging section
20 0.19 0.52 Diverging section
21 0.2 0.46 Diverging section
22 0.21 0.4 Diverging section
23 0.22 0.38 Diverging section
24 0.23 0.36 Diverging section
25 0.24 0.35 Diverging section

4.2.2. Temperature

The temperature readings were only obtained from the simulations. The
temperature probes used in the static test were unable to capture reliable data because
the temperature was too high and the exposure time was too long for the hot
combustion gas. At Probe 1 location, the temperature readings were: 1 — the initial
state att=0's, 300 K; 2 — 1/5 of the finished combustion process at timet=1's, 2359
K; 3 —2/5 of the initial combustion process at time t = 2 s, 2360 K; 4 — 3/5 of the
combustion process at time t = 3 s, 2350 K; 5 — 4/5 of the combustion process at time
t=4s, 2338 K, and 6 — the finished combustion process at timet=5s, 1895 K.
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Fig. 4.5. Temperature versus time for Probe 1 point (head)

The temperature sampling data of Probe 2 was different from that of Probe 1.
This was caused by the combustion gas escaping from the combustion chamber
through the nozzle throat. As a result, the heat energy was released because of the
converging-diverging nozzle. The temperature data readings of Probe 2 were: 1 — the
initial state at t = 0 s, 300 K; 2 — 1/5 of the combustion process at timet =1s, 1382
K; 3 — 2/5 of the initial combustion process at time t = 2 s, 1382 K; 4 — 3/5 of the
combustion process at time t = 3 s, 1380 K; 5 — 4/5 of the combustion process at time
t=4s, 1381 K; and 6 — the finished combustion process at timet =5 s, 1285 K.
According to analytical calculations, the exit temperature was 1207 K. For these
results, the error was 12.66%.
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—— Temperature from the probe #2
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Fig. 4.6. Temperature versus time for Probe 2 point (nozzle)
Additional data was extracted for the mesh dependent results in order to better
represent and enhance the understanding of the problem. The average fluid

temperatures in the computational domain and the temperature across the nozzle are
plotted in Figs. 4.7 and 4.8, respectively.

—— Average fluid temperature
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Fig. 4.7. Average fluid temperature

The sample data of the average fluid temperature was obtained from the entire
computational domain. This was performed in order to determine the required thermal
protection solutions. High temperatures inside the combustion chamber can lead to a
failure of the mechanical components due to high thermal loads. From the sampled
data, the average fluid temperature inside the combustion chamber was 2080 K, which
demonstrates that adequate thermal protection is necessary to obtain nominal motor
performance parameters and avoid catastrophic failures due to component rupturing.

The temperature plot for the nozzle is depicted in Fig. 4.8 below. In the
aforementioned plot, the x-axis is with respect to the distance whose units of
measurement are meters, and, for the y-axis, the temperature is measured in Kelvins.
According to the plot depicted above, the temperature in the combustion chamber was
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2592 K on average, when the sharp transition of the decrease of the temperature was
observed at the throat where the value was 2514 K and in the diverged section of the
nozzle, at the end of the nozzle, the temperature value was 1724 K. In the table below,
we can see the values according to the distance of the described plot. The tabular data
of the aforementioned plot is presented in Table 4.3.
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Fig. 4.8. Temperature changes across the nozzle

Table 4.3. Temperature across nozzle section

Probe point No. | Distance, m | Temperature, K | Comment

1 0 2592 Combustion chamber
2 0.01 2592 Combustion chamber
3 0.02 2592 Combustion chamber
4 0.03 2591 Combustion chamber
5 0.04 2591 Combustion chamber
6 0.05 2590 Combustion chamber
7 0.06 2589 Combustion chamber
8 0.07 2588 Combustion chamber
9 0.08 2582 Converging section
10 0.09 2567 Converging section
11 0.1 2514 Throat

12 0.11 2317 Throat

13 0.12 2302 Diverging section

14 0.13 2187 Diverging section

15 0.14 2122 Diverging section

16 0.15 2083 Diverging section

17 0.16 1998 Diverging section

18 0.17 1929 Diverging section

19 0.18 1876 Diverging section

20 0.19 1834 Diverging section

21 0.2 1798 Diverging section

22 0.21 1765 Diverging section

23 0.22 1755 Diverging section

24 0.23 1736 Diverging section

25 0.24 1724 Diverging section
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4.2.3. Velocity

The area of interest for velocity in the solid rocket motor is at the nozzle section
because, in the combustion chamber, thermal energy is stored and converted into
kinetic energy when combustion products gets into the nozzle section. During this
energy conversion process, the velocity of the combustion products gains momentum,
and acceleration is achieved when entering the throat and then through the diverging
section of the nozzle. The velocity plot for the nozzle is depicted in Fig. 4.9 below. In
the aforementioned plot, the x-axis is with respect to the distance which was measured
in meters and to the y-axis depicting the velocity in meters per second. According to
the plot depicted above, the velocity in the converging section of the nozzle was 257
m/s on average when sharp transition of the increase of the velocity was observed at
the throat where the value was between 714 m/s to 1014 m/s, and the diverged section
of the nozzle where, at the end of the nozzle, the velocity value was 2200 m/s.
According to analytical calculations, the throat velocity was 937 m/s, and the exit
velocity was 2204 m/s. What regards these results, the error was 8.44% and 0.18%
respectively. In the table below, one can see the values according to the distance of
the described plot. The tabular data of the aforementioned plot is presented in Table
4.4,

Velocity
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Fig. 4.9. Velocity changes across the nozzle

Table 4.4. Velocity across the nozzle section

Probe point No. | Distance, m | Velocity, m/s | Comment

1 0 257 Combustion chamber
2 0.01 259 Combustion chamber
3 0.02 263 Combustion chamber
4 0.03 267 Combustion chamber
5 0.04 273 Combustion chamber
6 0.05 284 Combustion chamber
7 0.06 293 Combustion chamber
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8 0.07 306 Combustion chamber
9 0.08 355 Converging section
10 0.09 478 Converging section
11 0.1 714 Throat

12 0.11 1014 Throat

13 0.12 1300 Diverging section
14 0.13 1430 Diverging section
15 0.14 1538 Diverging section
16 0.15 1723 Diverging section
17 0.16 1860 Diverging section
18 0.17 1960 Diverging section
19 0.18 2033 Diverging section
20 0.19 2088 Diverging section
21 0.2 2133 Diverging section
22 0.21 2176 Diverging section
23 0.22 2188 Diverging section
24 0.23 2198 Diverging section
25 0.24 2200 Diverging section

4.2.4. Burn rate, surface, and volume

The performance of the motor is closely coupled with its combustion surface
area. This is a key parameter when designing rocket motors for specific performance
requirements. The open surface of the solid propellant rocket motor from the
beginning of combustion until the propellant has depleted completely is shown in the
plot below (Fig. 4.10). The values of the open surface of the propellant grain were: 1
— the initial state att = 0's, 0.4 m?; 2 — 1/5 of the combustion process at timet=1's,
0.42 m?; 3 — 2/5 of the initial combustion process at time t = 2's, 0.348 m?; 4 — 3/5 of
the combustion process at time t = 35, 0.224 m?; 5 — 4/5 of the combustion process at
time t =4 s, 0.054 m?; and 6 — the finished combustion process at time t =5 s, 0.005
m2,

—— Surface of the combusting propellant

0.5
0.45
0.4
0.35
0.3
0.25
0.2
0.15
0.1

0.05 ﬁ
0 | ‘

0 0.5 1 1.5 2 2.5 3 35 4 4.5 5
Time, s

Area, m"2

Fig. 4.10. Combustion surface area
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——Volume of the propellant grain
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Fig. 4.11. Combustion surface volume

In order to obtain greater understanding of the research results, the change in the
combustion propellant grain volume was plotted in Fig. 4.11. The combustion
stability was determined which is based on stable regression of the propellant volume
during combustion. According to these results, combustion was stable throughout the
entire combustion process until the sliver phase had been reached, and then it
continued steadily until the propellant had been depleted completely. The volume of
the propellant steadily depleted from the initialization (0.011 m?) to the sliver phase
(0.0043 m?3).

——Burn rate

0.012

0.01

£ 0.008
£
2

@ 0.006
£

@ 0.004

0.002

0 -
0 0.5 1 1.5 2 25 3 3.5 4 4.5 5
Time, s

Fig. 4.12. Propellant grain burning rate

The burning rate of the propellant was extracted according to Eg. 2.19 as
follows: 1 —the initial state at t = 0 s, 0.00986 m/s; 2 — 1/5 of the combustion process
attimet=1s, 0.0111 m/s; 3 — 2/5 of the initial combustion process at timet = 2 s,
0.011 m/s; 4 — 3/5 of the combustion process at time t = 3 s, 0.011 m/s; 5 — 4/5 of the
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combustion process at time t =4 s, 0.01 m/s; and 6 — the finished combustion process
attimet=>5s, 0.0084 m/s.

4.2.5. Grain evolution

Fig. 4.13 and Fig. 4.14 depict the evolution of the propellant grain during
combustion at different times. The key advantages of being able to monitor and
measure the changes in the propellant surface area and its shape over time are that the
inner workings of the motor can be understood, and the parameters can be fine-tuned
for enhanced performance. Moreover, the data provided by the cross-section would
not otherwise be available if only static testing could be performed. Furthermore, as
shown in Fig. 4.13, the propellant grain transforms as it combusts. The vector field is
included to represent the fluid motion. The data is also color-coded to represent the
different components within the RM-12K motor.

O|O‘
Q|Q‘
QO

Fig. 4.13. Propellant combustion evolution att =0, 1, 2, 3, 4, and 5 seconds
for the x-y axis
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Fig. 4.14 depicts a different cross-section of the same combustion
transformation process as for Fig. 4.13.

o 1.00 1.00 1.00

Fig. 4.14. Propellant combustion evolutionatt =0, 1, 2, 3, 4, and 5 seconds
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4.2.6. Thrust
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Fig. 4.15. Rocket motor thrust

The thrust produced by the motor is given in Eq. (4.1) and is explained below.

F:mve(pe—po),%. (41)
Here, F is the thrust, m is the mass flow rate from the nozzle exit, v. is the exit velocity
from the nozzle (custom monitoring plane), pe is the pressure at the end of the nozzle
(Probe 2), po is the atmospheric pressure (initial pressure), and A. is the exit area
(custom monitoring plane). The thrust values were as follows: 1 — the initial state at t
=05, 0N; 2 - 1/5 of the combustion process at timet=1s, 11879 N; 3 — 2/5 of the
initial combustion process at time t = 2 s, 9859 N; 4 — 3/5 of the combustion process
attimet=3s, 6359 N; 5 — 4/5 of the combustion process at time t =4 s, 1364 N; and
6 — the finished combustion process at timet=5s, 1.02 N.

4.3. Model results verification with experimental results

The aforementioned results were verified by comparison of the pressure and
thrust. This was done because there are only two possible data sets from the
experimental approach to be compared with the simulation. In the tables below, we
can see experimental data made for comparison with the simulation data. We must
note that, for the experimental data, the first and the last time step are bigger when
compared with the model results. This is because of sensor readings. For the
comparison in the error calculation section, we must anticipate that the atmospheric
pressure is neglected, and this is why both values are more similar.

Table 4.5. Experimental results of the rocket motor

Time, s
0 [1 [ 2 [3 J4 s
Values
Pressure from probe No. 1, bar 1.01 | 55.39 | 43.65 | 27.78 | 293 | 1.2
Pressure from probe No. 2, bar nfa | nla n/a n/a nfa | nla
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Temperature from probe No. 1, K nfa | nla n/a n/a nfa | nla
Temperature from probe No. 2, K nfa | nla n/a n/a nfa_ | nla
Average fluid temperature, K n/a
Propellant area, m? nfa | nla n/a n/a nfa | nla
The burn rate of the propellant, mm/s nfa | nla n/a n/a nfa | nla
Thrust, N 0 11909 | 11126 | 5817 | 604 | 271
Table 4.6. Model results of the rocket motor

Time, s

0 |1 2 [3 [4 |5

Values
Pressure from probe No. 1, bar 0.1 55.39 | 43.65 | 27.57 | 6.06 0.0045
Pressure from probe No. 2, bar 0.91 | 1.89 154 1098 | 021 | 0.00014
Temperature from probe No. 1, K 300 | 2359 | 2360 | 2350 | 2338 | 1895
Temperature from probe No. 2, K 300 | 1382 | 1382 | 1380 | 1381 | 1285
Average fluid temperature, K 2080
Propellant area, m* 04 | 042 0.348 | 0.224 | 0.054 | 0.005
The burn rate of the propellant, mm/s | 9.86 | 11.1 11 11 10 8.4
Thrust, N 0 11879 | 9859 | 6359 | 1364 | 1.02

4.4. Comparison of the results

The model used for the simulation was valid and physically correct according
to the observed parameters during the static testing and correlated within a reasonable
degree of confidence to the parameters obtained during the simulation. The
experimental results of the changes in pressure and thrust over time were evaluated.
Moreover, the aforementioned data was compared with the results obtained from the
simulation. This was performed to test the model compatibility and, from the observed
results, it can be concluded that the model is capable of representing all of the key
characteristics of the combustion process of the solid propellant rocket motor.
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Fig. 4.16. Thrust and pressure comparison of the rocket motor by the

experimental approach correlated with the data of the simulation
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It must be noted that, at the end of the measurement time, some deviation was
observed. This was caused because of the way the experiment was set up. The thrust
sensor, after the sliver phase, read the mass of the rocket motor with additional friction
effects. Such a behavior is negligible for the validation of the model because TWR
after the sliver phase is not sufficient enough to produce the lift effect in real-world
applications when the rocket motor is not attached to the test stand and flying at the
steady-state when airborne. This insight only reinforces the statement that the
simulation is able to provide the results closer to the real-world situation while fully
overcoming the test stand limitations.

As in Fig. 4.16 above, the graphical representation of the comparison is
converted into the table form. From Table 4.7, we can see the errors of thrust and
pressure at different time steps. The area of interest is the phase between the 1% and
the 3™ seconds, otherwise known as the steady-state, which is the combustion period
when the motor is generating thrust. It is important to note that the errors depicted in
the table are taken as maximum values available at the respective time steps so that to
showcase the worst-case scenario. However, it is likely that the error deviation is
actually smaller in reality as pressure probes and thrust sensors are experiencing
vibrations and other physical impediments during the experiment, which causes the
readings to fluctuate more significantly. Moreover, as already noted in the previous
paragraph, the error values during the sliver phase (the 4" second) are extremely high
due to the specific way the experiment was set up and do not represent the actual
deviation, although it could be mathematically calculated by subtracting the mass of
the motor from the readings of sensors.

Table 4.7. Error in percentages of static testing and model results

Time, s
0 1 [2 [3 [4 |5
Error
(I;Oressure error, | 401 0.87 8.29 0.75 106.82 15.45
Thrust error, 0 0.25 11.38 9.31 125.82 0.37

%

Steady- Steady- Steady-

state state state Sliver Leftovers

Start-up

Description Not generating

sufficient thrust

Not generating

sufficient thrust Generating thrust
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Fig. 4.17. Graphical representation of the error

All in all, after the comparison of the static test results against the simulated
data, we can conclude that the simulation is accurate enough to be used as a virtual
twin for improving and optimizing the motor. The experimental errors are acceptable
and can be explained, whereas some of the analytical errors, such as the exit and throat
pressure, diverge from the experimental and simulation results beyond the
comfortable acceptance levels. This indicates that the analytical means of calculating
rocket performance could be useful as high-level guidelines for motor design, but this
strategy is too rough and inaccurate when it comes to calculating the exact motor
performance and to identifying the potential issues with the design. What is more, the
simulation produced data points that are otherwise virtually impossible to measure
during an experiment because of extreme physical conditions in which sensors are
rendered obsolete. The aforementioned additional data points uncovered areas of
improvement that, if addressed, may potentially increase the motor’s efficiency and
performance.

4.5. Summary of the chapter

1. The methodology of the results was as follows: first, the physical simulation
time was set to 5 seconds. This was done in order to ensure full coverage of
the entire combustion process and at some time after the process for a more
precise comparison. Secondly, the representation of the results was divided
into the marks covering one second each. This was done in order to present
data in the table form due to the clear explanation for the start-up, steady-
state and sliver processes.

2. The results were extracted and presented in the form of figures. The main
interest was dedicated to the pressure, temperature, and velocity in the
combustion chamber and at the end of the nozzle. Some figures were
extracted for the representation of the average values.
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3. Another set of results was extracted only to cover the nozzle area. This was
done in order to evaluate the physical processes which occur by the
converging/diverging nozzle when the flow is compressible. The pressure,
temperature, velocity and density changes were covered through the axis of
the entire nozzle and presented as figures and tables.

4. Another set of data was extracted and derived from the data outlined in
Figures 4.12 and 4.15. The burn rate and the thrust were obtained. The
results showed minimal deviation from the analytical calculations and the
experimental values.

5. Both experimental and simulation results were compared with regard to
model validation. The results showed virtually no error in the initial state,
which highlights that the initial conditions for the model were close enough
to the values of experimental testing. What regards the steady-state phase,
the minimal error versus the maximal error was in the range of 0.25% to
11%. This concludes that the model is valid enough to produce trustworthy
results without the need for additional comparison by doing static testing.

6. In conclusion, it is possible to reproduce the static test data by using numerical
methods based on computer modeling and simulations. This approach
provides additional insights that are useful for more profound understanding
of the processes involved in combustion-related problems and the internal
ballistics of solid propellant rocket motors. This enables the optimization of
the design parameters with minimal costs and maximum benefits.

CONCLUSIONS

Analysis of analytical, static and numerical approaches showed that, in

conclusion, numerical methods-based simulations are a viable option for the design
and development of solid propellant rocket motors, and, in some cases, it is even more
advantageous than static testing. This conclusion can be expanded into:
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1. A 3D model of a solid propellant rocket motor based on mass conservation,

fluid motion, heat transfer laws and equations of the fluid interface in the
computational domain at the cell level between the fluid and solid parts
evaluating the energy properties of the propellant and its combustion in the
chamber and peculiarities of the nozzle in the discharge area was developed.
Simulations of the initial and boundary conditions were established in order
to evaluate the pressure and temperature in the combustion chamber, the
physical properties of the fluid and solid-state regions, and CAD geometry
and a computational grid were constructed to allow sufficiently accurate
modeling and determination of solid propellant combustion and motor
internal ballistics characteristics.

The simulation results obtained from the internal ballistics of solid rocket
motors covered the time, pressure, thrust, temperature in the combustion
chamber and the nozzle as a function of time and volume of the fuel grain and
surface area and the evolution of the fuel grain during combustion.



4. Comparative analysis of the simulation results and the static/experimental
ballistic pressure and the thrust characteristics of the RM-12K solid-
propellant rocket motor showed that the model error compared to the
experimentally obtained results does not exceed 15%, whereas the average
error in the main combustion phase ranged from 0.25% to 11%. This indicates
that the simulation based on numerical modeling is valid and represents
reasonably accurately the physical internal ballistics processes occurring in
the course of motor operation.

5. A methodology for the development of solid-propellant rocket motors has
been developed which evaluates the energy properties of the propellant and
its combustion chamber characteristics and reduces or alters the need for
experimental testing thus enabling the design of solid-propellant rocket
motors at a reduced cost and time.
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the testing system for solid propellant rocket motor thrust measurements using
mathematical modelling techniques. Journal of measurements in engineering, 3(4),
123-131.

Other scientific research activities:

1. State project No. VPI-3.1-SMM-10-V-05 Development, research, implementation
and commercialization of rocket technology for training. 2013-2015. Amount of
project funding 2,467 Mill. LTL.

2. Contract No. 8754. Development, research and implementation of laser rifle
simulator; 2015. UAB ,,Konsolé*; funding: 88,000 LTL.

3. Contract No. SV9-135. Development, research and implementation of laser rifle
simulator; 2015. Lithuanian Riflemen’s union; funding: 43,443.00 EUR.

4. Contract No. SV9-164. Launch services of the rocket — ballistic air target (NATO
exercise “Amber Arrow — 2015”); 2015. LM Air defence battalion; funding 15,000
EUR.

5. Contract No. SV9- 0551. Development, research and implementation of a new
type of laser rifle simulator; 2016. Lithuanian Riflemen’s union; funding 55,000
EUR.

6. Contract No. SV9-1209. Launch services of the rocket — ballistic air target;
(NATO exercise “Amber Arrow — 20177); 2017. LM Air defence battalion;
funding: 15,000 EUR.

7. Contract No. SV9-1607. Launch services of the rocket — ballistic air target;
(international air defence exercise “Baltic Zenith 2018”); 2018. LM Air defence
battalion; funding: 40,000 EUR.

8. Contract No. S-MIP-17-94/SV3-0464. Experimental rocket: Development and
research; 2017-2020. Research council of Lithuania; funding 100,000 EUR.
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9. Contract No. SV9-2229. Launch services of the rocket — ballistic air target;
(international air defence exercise “Baltic Zenith 2019”); 2019. LM Aiir defence
battalion; funding 15,000 EUR.

7 NATO NSNs created and installed in Lithuanian and foreign defence
structures and included in NATO Logistics Catalogue:

e LT-5M Laser Rifle Simulator; 6920-47-000-7909;

« Laser Machine Gun Simulator LT-1 FN MAG; 6920-0000-7910;

« Laser Grenade Launcher LT-1 CARL GUSTAF; 6920-47-000-7911;
¢ LT-5M GLOCK-17 Laser Gun; 6920-47-000-9046;

« Automatic Laser Rifle LT-5M-M4A1; 6920-47-000-9047;

e Laser Gun LT-5M - P226; 6920-47-000-9048.

» Aerial rocket target complex RT-400; 6920-47-000-8331.

Awards:

1. 2016 Gold medal. Product of the year. MACHINERY AND EQUIPMENT
INDUSTRY GROUP: Rifle Training Center Using Laser Training Weapons — LT-
5M-M4A1, LT-5M-SIG SAUER P226, LT-5M-GLOCK 17 — Kaunas University of
Technology Public enterprise V3] Institute of defence technologies.

2. 2014 Gold medal. Product of the year. MACHINERY AND EQUIPMENT
INDUSTRY GROUP: The RT-400 Training Rocket Complex for STINGER air
defence applications. — KTU Institute of Defence Technologies.

3. 2013 Gold medal. Product of the year. MACHINERY AND EQUIPMENT
INDUSTRY GROUP: Laser equipment educational complex of small arms training
— KTU Institute of Defence Technologies.

Fellowship:

Scientific Fellow. September — November, 2016. Military University of Technology.
Warsaw, Poland.

SL344.2020-04-07, 12,75 leidyb. apsk. 1. Tirazas 12 egz.
ISleido Kauno technologijos universitetas, K. Donelai¢io g. 73, 44249 Kaunas
Spausdino leidyklos ,,Technologija“ spaustuvé, Studenty g. 54, 51424 Kaunas
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